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AFIT/GAE/ENY/92D-20

ABSTRACT

This study involved a numerical and experimental investigation of the geometric
instability (collapse loads/displacements) of vertically unsupported graphite/epoxy
cylindncal shell panels undergoing axial compression. The test specimens, with effective
dimensions of either 12" X 12" or 12" X 20", were fabricated using the Hercules
AS4/3501-6 material system and had 12" radii of curvature. Symmetric quasi-isotropic and
cross-ply laminates, with and without 4" X 4" centralized cutouts, were investigated for
three different thicknesses: 8, 16, and 24 plies. The experimental data was compared to
results from SHELL, a geometrically nonlinear finite-element computer program which
incorporates a parabolic transverse shear strain distribution through the thickness.

Good correlation was obtained for shells with large cutouts between the SHELL
numerical data and the experimental results. The best correlation between numerically-
derived and experimental collapse loads occurred with the 16-ply shell panels. This
research verified that the SHELL finite-element program will provide good predictions of
the collapse characteristics of shell structures undergoing large displacements and
moderately large rotations.

It was found that the largest surface bending rotations, radial displacements, and
transverse shear strains occurred along unsupported vertical edges and around the four
corners of a square cutout. In addition, the magnitudes of transverse shear strain increased
with increasing panel thickness and increased significantly when a large cutout was placed
in a shell.

There were indications that under large displacement and moderately large rotation
conditions, the collapse of cross-ply shells was more affected by transverse shear strain
than the collapse of quasi-isotropic shells. In addition, when a large cutout was present,

the cross-ply shells responded more flexibly than the quasi-isotropic shells.

xiii




EFFECT OF THICKNESS AND PLY LAYUP ON THE COLLAPSE
CHARACTERISTICS OF CYLINDRICAL COMPOSITE SHELLS
WITH LARGE CUTOUTS

1. INTRODUCTION

1.1 Background

The use of composite materials in aircraft structures has increased significantly
during the last decade. In particular, the material used most often is graphite/epoxy. This
material is composed of graphite (carbon) fibers held together by an epoxy matrix. Aircraft
designers use composite materials to increase the overall structure's strength-to-weight ratio
and to enhance a particular component's stiffness. Composite materials provide the aircraft
designer with the capability of tailoring the material properties of a structure to withstand
the anticipated load environment. This material tailoring leads to lighter structural
components than similar metal structures which is critical in aerospace design. An overall
lighter aircraft, with no loss of internal volume, equates to an increase in cargo capacity
(passengers, weapons, supplies) with no increase in fuel consumption.

Due to the required aerodynamic shapes of aircraft fuselages and wings,
graphite/epoxy shell structures are often used. These structural components may be used in
either reinforced or unreinforced forms. In addition, it is occasionally necessary to cut
square holes in these structures for access ports. These holes or structural discontinuities
change the collapse characteristics of the structure, which affects how and when a
component will no longer be able to support increased loading. Therefore, a greater
understanding of the geometric collapse characteristics of graphite/epoxy shell structures,

with and without cutouts, needs to be achieved. Due to the geometric nature of curved
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cylindrical shells, the study of these structures requires nonlinear analysis whenever
compressive loading is applied. This nonlinearity is even more pronounced as the
thickness of the shell panel and the area of the cutout region increases [7].

The nonlinear behavior of axially compressed graphite/epoxy shells with cutouts has
been studied primarily by the Air Force Institute of Technology (AFIT) and the National
Aeronautics and Space Administration (NASA) . Geometric instability (collapse) analysis
of cylindrical shell panels has been performed experimentally and then modeled with
computer codes using finite-element theory. Analytical shell models developed in the past,
using flat moderate-rotation elements have accurately predicted panel response except for
geometries with large cutouts (greater than 10 percent of panel area) [28]. Structural
analysis using finite-element programs to determine collapse states has been difficult and
expensive, with limited accuracy. With the advent of higher-speed computers, more
accurate programs involving cylindrically-shaped elements can be employed.

The term collapse, with regard to a structure, refers to a sudden material failure
causing irreparable damage which affects the strength of the component. Collapse can be
caused by impact, fracture, creep, etc.; but the research in this study will focus on the
collapse phenomena due to loss of stability. This type of research involves the computation
of the nonlinear relationship between applied loads and the resulting deformations or
displacements. Finite-element computer codes, which model the thru-the-thickness
transverse shear stress distribution, have proven to be the most accurate [6, 25, 26].
Whenever a new finite-element algorithm is developed, the data the program produces must
be checked experimentally while using the same loading method and boundary conditions.
This enables understanding of the code's strengths, as well as, its limitations.

The majority of previous research related to shells has dealt with geometrically linear
problems. Geometrical nonlinearities, of interest in this research, can result from large

displacements and rotations of the fibers of a differential volume element that has
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undergone a transformation from some original configuration. Other than the recently
published book by Palazotto and Dennis [20], few references were found that addressed
collapse of composite shell structures with large cutouts, which requires a nonlinear
analysis. Of those found that dealt with cutouts, most were experiments and computer
analyses of shell panels with circular holes [13, 22]. In contrast, numerous studies have
been published on isotropic plates and cylindrical shell panels without cutouts.

One of the more comprehensive research publications available on the collapse
characteristics of composite cylindrical shell panels with large square cutouts was authored
by Scott A. Schimmels, which included results of the research he performed for his
master's degree thesis [25]. Schimmels summarized the significant findings of AFIT and
NASA researchers, where most work of this nature has occurred. From these
organizations, some of the more published researchers in this area include N.F. Knight,
J.H.Starnes, S.T. Dennis, and A.N. Palazotto. A summary of their research findings,
along with other AFIT researchers, is included in the remaining paragraphs of this section
and the published works are noted in the bibliography.

The collapse characteristics of composite shells are dependent upon the ply layup and
the size of the cutout [11]. As the surface area of the cutout is increased, the collapse
loads decrease and the nonlinear effects become more pronounced [15]. In fact, larger
cutouts (greater than 3 percent of the panel surface area) induce nonlinear load/displacement
responses throughout most of the loading range [28). Up to this size of cutout, good
agreement is consistently achieved between experimental data and commercially available
finite-element programs. During Tisler's study [28], the analytical response obtained from
Lockheed's Structural Analysis for General Shells (STAGSC-1) computer code for shells
with a 4" X 4" cutout was less stiff than the experimental response. This disagrees with
the expected stiffer analytical response, which is normally obtained from similar

displacement-based finite-element formulations. Dennis and Palazotto concluded that the
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magnitude of the panel-surface rotations around the cutout, measured experimentally at
approximately 10 degrees, may have exceeded the intermediate nonlinear capabilities of the
STAGSC-1 finite-element program [7]. This conclusion is consistent with similar findings
by Knight and Starnes in their research of axially compressed composite panels with larger
circular holes [13].

Dennis and Palazotto developed a theory to address the limitations found in the
STAGSC-1 formulation [8]. Their theory can handle the large displacements and
moderately large rotations caused by geometric nonlinearities in small strain situations (no
plasticity). In addition, the theory includes a parabolic transverse shear stress and strain
formulation throughout the shell thickness. This part of the theory is cn'tic'al in order to
accurately predict collapse loads for thicker panels on the order of 16 and 24 plies. This
theory has been incorporated into a finite-element computer code developed at AFIT called
SHELL. SHELL employs a modified Newton-Raphson (MNR) iterative technique, which
traces the equilibrium path up to and through the collapse load. The MNR method differs
from the Newton-Raphson method in that the tangent-stiffness matrix is not updated or is
updated infrequently [5]. Thus, for problems involving numerous degrees of freedom,
expensive repetitions of forming and reducing the tangent-stiffness matrix can be avoided.
However, more iterative cycles are needed in order to reach a reasonably prescribed
convergence tolerance. In addition, Bergan (4] stated that the Newton-Raphson technique,
without modifications, is not used because in addition to the already mentioned
inefficiency, it is sometimes unreliable due to solution divergence problems. The SHELL

computer algorithm uses cylindrically-curved finite elements as opposed to the traditional

flat elements used in STAGSC-1, in order to capture the shell bending-membrane coupling.

Initial comparisons by Schimmels and Palazotto [26] between experimental data on quasi-
isotropic cylindrical shells with orientations of [0/+45/-45/90]s and the SHELL computer

analysis showed good agreement. However, more extensive experimental research is
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needed in order to verify the SHELL program's accuracy in predicting collapse loads and
displacements for a wider range of shell panel configurations, panel thicknesses, and
composite ply layups.

1.2 Objecrive

The objective of this research was to study the instability of graphite/epoxy shell
panels, which have cylindrical shell geometry. A collapse analysis (loads/
displacements) was performed on panels, with and without large (either 7% or 11% of the
planform area) square cutouts (centrally located), while the panels underwent axial
compression. The test specimens were fabricated using the AS4/3501-6 graphite/epoxy
material system, which is commonly used in the aerospace industry. The experimental data
was collected to check the accuracy of the SHELL computer program, which was
developed at AFIT by Scott T. Dennis as part of his dissertation [6].

Another objective of this research effort was to analyze the effects of increased panel
thickness on the collapse characteristics. Previous studies of this nature involved fairly thin
shells (up to eight laminate plies) where the effects of thru-the-thickness shear was not a
major factor. This study involved experiments and computer analyses of thicker shells (16
and 24 plies), where the deformations are increasingly dominated by the transverse shear
stresses. These shear stresses contribute to larger panel-surface rotations and severe
bending gradients near the cutouts and at unsupported edges.

Finally, this research investigated the collapse responses of longer (in axial length)
panels which more closely model actual fuselage/wing structural components. The
laminate orientations studied were the cross-plies [0/90]2s, [0/90)4s, [0/90]6s; and the
quasi-isotropics [0/+45/-45/90)s, [0/+45/-45/90]2s, and [0/+45/-45/90]3s. These types of

laminates are often used in aerospace design.




1.3 Scope

A total of 16 different panel configurations were tested and compared with results
from the SHELL finite-element program. Half of the shell panels investigated had 4" X 4"
centralized square cutouts, while the remaining were solid (no cutouts) panels. Analysis
was performed on eight configurations dealing with fairly thin (0.04") cylindrical shells.
The remaining eight configurations investigated thicker shell collapse behavior. At this
time, no known research efforts have been directed at analyzing the collapse behavior of
thicker (greater than 0.06") composite shells with square cutouts. In addition to the three
panel thicknesses investigated, two different ply layups (cross-ply and quasi-isotropic) and
two different axial lengths (12" and 20") were studied to determine how each affected panel

collapse.




2. THEQRY

2.1  Classical Laminated Plate Theory (CLPT)

In order to understand the global behavior of composite cylindrical shells
undergoing axial compression, the basic constitutive relations for each individual lamina (or
ply) must first be understood. The research in this thesis assumes linearly-elastic (small
strain, € < 0.03) material response; however, complexity in laminate response arises due to
the non-uniform orientation of the plies. A review of classical laminated plate theory will
aid in an understanding of the affect ply orientations have on the laminate's stress-strain
relations. The reader may want to review reference [12] for a more indepth development
of these relations.

The stress-strain relations in principal material coordinates (see Fig. 1) for an

orthotropic material, assuming plane-stress conditions (63 = G4 = G5 = 0), are given by:

01 Qu Q2 O €]
oy ( = de %22 0 ] & 1
2 Qs 4y,

where €)1 and €; are normal strains and 7y} is the shear strain in the 1-2 plane. Throughout
this research effort, it is assumed that the material is transversely isotropic with respect to
planes parallel to the 2-3 plane [29]. In other words, Ez = E3 and G132 = Gy3.

The Qjj's are the reduced stiffnesses in terms of engineering constants as follows:

Qn = E1/(1-viz2vay)

Q12 = Vi2E2/(1-vi2v21) = v21 E1/(1-v12Vv21) @
Qn = E2/(1-vi2vyy)
Qs6 = G12




Where the Ej and E3 are Young's moduli in the 1 and 2 directions, respectively. vjjis
Poisson's ratio for transverse strain in the j direction when loaded in the i direction. Gjzis

the shear modulus in the 1-2 plane.

Figure 1. Fiber Orientation With Respect to Global Coordinates




The preceeding stresses and strains were defined with respect to the principal
material directions of an orthotropic material. If the principal directions of a certain lamina
do not coincide with the global coordinate directions, then the stress-strain relations are
defined in terms of transformed reduced stiffnesses, the aij's. The -(iij's are functions of

the original Qij's and an angle 8 from the global coordinate system as shown in Figure 2.

Thus, the stress-strain relations with respect to the global X-Y coordinate system are:

Ox Qi Q2 Qis 7| &

Oy (= 812 22 Q26 gy 3)

. 16 Q2 Qes

xy Yxy
where the material coefficients, Qjj, are symmetric and defined as:

Qu=Q1 1cos?0 + 2(Q12 + 2Q66)sin29 cos’0 + Q22sin49
Q12 = (Q11 + Q22 - 4Q66)sin0 cos?0 + Q12(sin*6 + cos?0) ()
Q22=Q1 1sin®0 + 2(Q12 + 2Q66)sin29 cos?0 + Q22cos49
Q16 = (Q11 - Q12 - 2Q66)sind cos>0 + (Q12 - Q22 + 2Q66)sin>0 cosd
Q26 = (Q11 - Q12 - 2Q66)sin>8 cosd + (Q12 - Q22 + 2Q66)sind cos O
Q66 = (Q11 + Q22 - 2Q12 - 2Q66)sin®6 cos20 + Q66(sin’6 + cos?6)

For a more detailed derivation of the transformed reduced stiffnesses, see

reference [12].




1 (fiber direction)

7

Figure 2. Definition of Angle 6
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The above equations were derived for an individual ply. In order to determine the

stress-strain behavior through the laminate thickness, each kth ply may be characterized by:

(ol = Qijk (el (5

where the kth ply is defined by its distance from the midplane of the laminate as shown in

Figure 3.
11 ! }
h 2
S midsurface
, r—_ ‘
A k-1 x |2
N-1
2y
) &
A 4
N )\ A 4
laver number

Figure 3. Geometry of an N-Layered Laminate
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Certain assumptions must be made in order to extend the theory from single lamina
to a multilayered laminate. First, each lamina can be characterized as an orthotropic
material, whereby the individual properties of the composite constituents, fibers and
matrix, are "smeared" together [6]. Second, the laminate is perfectly bonded between
layers, whereby the interply adhesive is assumed to have infinitesimal thickness but infinite
shear stiffness. This assumption eliminates concern with interlaminar shear effects and
allows for continuous displacements within each lamina. Therefore, no lamina can slip
relative to the other lamina. The final assumption involves the Kirchhoff-Love hypothesis
for a thin laminate, which states that normal sections remain plane and normal to the
midplane after bending.

By applying the Kirchhoff-Love hypothesis and knowing the midplane strains and

curvatures (€x°, €y°, Yxy®, Kx, Ky , Kxy ), the strain-curvature relationship for a laminate
becomes:
€x &° Kx
= (4]
Yxy J k Yxy° Kxy
where,
£x° =Ug. X
€y° = Vo, y @)]

'ny0= Ug, Y + Vg, X

and,

Kx = -Wo, XX

Ky = -Wo, Yy ®
Kxy = -2Wg, Xy

The stress in the kth ply can be determined by substituting Eq (6) back into Eq (5).

Ther, the resultant forces and moments acting on the laminate can be obtained by
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integrating the stresses through each ply thickness and summing the contributions over the
entire laminate (k = 1 to k = N). Since the stiffness matrix [—Q-ij] is constant throughout

each ply, the equations for the resultant forces {Nij) and the resultant moments {Mij}

become:

(o0 ) r 3
Nx An Ap Ap )| & By1 B2 Big | %
Ny »=| A1z An A2 |§ g° p+| Bi2 B2 Bz || xy ¢
Nxy Ale Az A66 o Bi6 B2s Bes

L'ny J Lxxy;

©)

(e 0 ) ()
Mx Bi1 B2 Big 7| & D11 D12 Dis x
My r=| Bi2 B22 B |4 &° ¢ +| D12 Do Dog |4 xy p
Mxy Bis B2s Bes o Dis D2s Des

Lley J \ny;

The [Aij], [Dij], and [Bij] matrices are referred to as the extensional stiffness
matrix, bending stiffness matrix, and coupling stiffness matrix, respectively. The
extensional stiffness terms relate the resultant forces to the midplane strains, while the
bending stiffness terms relate the resultant moments to the laminate curvatures. The
coupling stiffness terms exist if the laminate layup is not symmetric with respect to the
midplane. An unsymmetrical layup will lead to a coupling between the bending and
extension of a laminate. In other words, for a specimen with nonzero Bij terms,
application of a normal tensile load could produce twisting as well as the expected
extensional and shear deformation. Unsymmetrical laminates are also prone to warping
during the curing cycle. For this research effort, only symmetric laminates were

investigated, and therefore the Bij terms were always equal to zero.
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2.2  SHELL Theory

The analysis involved in this research effort is concemed with static loading, and
thus the problem is one of solving the equation of static equilibrium, namely,

Z Forces = 0. During static equilibrium (when the displacements of the structure are those
of the equilibrium state), the potential energy (I, ) of deformation must be at a minimum,
and the first variation of potential energy ( 81y, ) will be zero [23]. This yields the
equilibrium equation. For geometric instability analysis (either linear or nonlinear), the
second variation (82I1y, ) is also zero at the collapse point. The nonlinear studies
considered in this work seek a limit point in the loading curve. Curved cylindrical shell
panels undergo post buckling at decreased loads only, so the first limit point is the actual
collapse load, as seen in Figure 4.

As shown in Figure 4, the solution derived by linear bifurcation analysis may be
either higher or lower than the actual solution [2]. For a cylindrical shell panel without
cutouts, the bifurcation value is too high. While for panels with large cutouts, the
bifurcation values become too low [28]. Thus, the use of a bifurcation analysis is limited
and will not be used in this thesis.

In considering the classical laminated theory, it is possible to obtain certain features
of a potential energy approach. Thus, some detail involving this functional approach is
included. The total potential energy in a body is the internal strain energy minus the work

of the applied forces, or:

Mp=U-W (10)

Both U and W can be calculated based upon the displacement field using:

ff T[N] {eo} aA (11)
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where,

o} =4 ™° > a2

Ky
\. ZKX}' y

and,

[a] [B]

The work done by the applied forces is represented by:

W = {d)T{F) (14)
where, {d} is the vector of displacements

{F} is the vector of externally applied forces

For applied displacements, the SHELL finite-element program calculates the loads
required to achieve the specified top edge displacements (U). The SHELL algorithm was
developed at AFIT in 1988 by Scott T. Dennis as part of his Ph.D. dissertation [6].
SHELL's primary capability is in the analysis of nonlinear behavior of thin cylindrical-shell
structures undergoing large displacements and moderately large rotations, with the added
feature of incorporating a parabolic distribution for transverse shear strain through the
shell's thickness. The basic finite element used in SHELL is a cylindrically curved element
that can exactly match the curvature of the shell surface. The nonlinear analysis is based
upon either the Donnell approximations (similar to Von Karman plate relations but with

curvature incorporated within the kinematic equations) or the exact nonlinear kinematic
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relations. The computer runs involved in this research employed the more exact nonlinear
option in order to more accurately capture the moderately large rotations (on the order of 9-
12 degrees). According to research performed by Silva [27], as the magnitude of the
rotations approach 15 degrees, the Donnell solution becomes appreciably stiffer than the
SHELL solution. In fact, the Donnell equations develop significant inaccuracy when

rotations exceed 15 degrees.

Possible linear bifurcation points, depending
] on hole cutout size.

Nonlinear collapse
point

Total Axial Load

Displacement

Figure 4. Axial Load versus Top Edge Displacement Curves for Typical Cylindrical Shell
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The SHELL code has not been developed beyond the research phase and is
therefore limited to flat plate and cylindrical shell geometries, while using only rectangular
elements. In addition, material linearity is assumed in the element formulation. However,
incorporation of thru-the-thickness shear while maintaining a two-dimensional analysis,
allows for consistently more reliable results with fairly reasonable computer run times by
ensuring no spurious zero-energy modes exist [3]. SHELL's transverse shear formulation
becomes even more important in accurately predicting experimental results for thicker
shells.

2.2.1 SHELL’s Geometry and Contracted Notation

The curvilinear orthogonal coordinate system used in the SHELL formulation is
shown in Figure 5. The X-axis lies along the axial length of the shell structure, the S-axis
follows the circumference, and the Z-axis is positive in the direction of the center of
curvature and everywhere normal to the shell's midplane. The plane formed by the X and
S axes lies in the center of the panel's thickness dimension, so that the laminate thickness
coordinate (Z) is negative on the outer surface and positive on the inner surface.
Displacements along the X, S, and Z axes are u, v, and w respectively. Subscripts
denoting the stress and strain orientation are summarized in Table 1 (also refer to

Figure 1 for clarification).

17




RADIUS OF CURVATURE

R=120—
N h = THICKNESS

(VARIES WITH LAYUP)

I /

12.0 o

or

20.0

y
S, v /

Note: All dimensions in inches ARC LENGTH = 12.0

Figure 5. Shell Panel Geometry With Ply Orientation Angle 0
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Table 1. SHELL Contracted Notation [ 25]

Stress Strain ~Cylindrical Coordinates
011 =0] €11 =€} X=
022 =02 €2 =62 §$=2
G33=03 €33=¢€3 Z=3
023 =04 €23 = €4 S-Z=4
013 =05 E13=§5 X-Z=5
012 =06 €12=86 X-S=6

2.2.2 SHELL’s Constitutive Development
In developing the constitutive relations for SHELL, a modified plane stress
condition is assumed. This modified condition allows 63 = 0 (as expected) but it assumes

04 and O5 are not equal to zero, thereby incorporating nonzero thru-the-thickness shear

stress into the finite-element code [6]. Thus, the reduced stiffness constitutive relations

become [1]:
3 Y
c
: QuQz 0 0 0 7™
G2 Qz Q2 0 0 0 €
<o6f= 0 Qs 0 0 |4e( (15)
o4 0 0 0 Q4 O €4
0O 0 0 0 Qs
\ G5 / \. €5

where, in terms of engineering constants the Qjj's are the same as in Eq (2), except
for two additional terms:

Qa4 =G23
Qss =G13
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The in-plane strains (€1, €2, and €6) are developed by using the full nonlinear
compliment of the Green's strain tensor, which includes all the nonlinear displacement
terms in Eqs (16) and (17). Eq (16) represents the physical strains and the hi / hj are
coordinate system scale factors based on the metric tensor. This metric tensor links the
Cartesian coordinate system (X1, X2, X3) with an arbitrary orthogonal curvilinear
coordinate system (Y1, Y2, Y3), through the invariant property of length (see Figure 6).
However, the transverse shear strains (€4 and €s) are developed by using only the linear
displacement terms in the Green's strain tensor components. Because the shell structure is
relatively thin with respect to its planform dimensions, the nonlinear strair-displacement
terms are considered as higher order for the transverse strains. According to Palazotto and
Dennis [20], use of exact €1, €2, and €6 along with linear €4 and €5 (€3 is considered
negligible with the 03 = ( assumption) results in the following limits for the magnitudes of
rotation. If €4 and €5 are negligible compared to €1, €2, and €6 then this theory constitutes a
large rotation theory since exact strain-displacement relations are assumed for the important
strains. However, if €4 and €5 are not negligible compared to the in-plane strains, then the
allowable rotations are limited to some degree. Librescu [17] shows that nonlinear (but not
exact) in-plane strains coupled with linear transverse shear strains define a consistent
moderate rotation theory. Therefore, the Palazotto and Dennis approach (which uses exact
nonlinear in-plane strains) should always accurately follow rotations greater than what the
moderate theories permit. Palazotto and Dennis refer to their approach as a large
displacement and simplified large rotation (SLR) theory. It should be noted that the
stresses in Eq (15) are components of the 2nd Piola-Kirchhoff stress tensor. Although the
material properties (Qij's) in Eq (15) were obtained with respect to the Eulerian or Cauchy
coordinate system while the stress and strain tensors are Lagrangian formulations, the

constitutive relations are assumed to be valid for cases which involve small strains, large
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displacements, and moderately large rotations. This development is used in the SHELL

algorithm.
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Figure 6. Point M Located in 3-D Space by Position Vector ¥
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Finally, by expanding on the CLPT development from Section 2.1, the stress-strain
relations for an N-ply laminate can be analyzed by referencing each ply to the global

coordinate system using the following transformations:

{oi)k = [T][Qijlk [T] (ei)k (18)
where,

2 52 - 2cs Qi Q2 O
T] =] s ¢2 2¢cs ] for [le Q2 0 ] (19
cs -cs (c2-s2) 0 0 Qs

and,
m-[53] @ [¥ &1 @

withc = cos@ , s = sin®

With these transformations, the constitutive relations become those in Eq (4) with

the following three additional terms due to the modified plane stress condition [25]:

Qa4 = Qaacos?0 + Qsssin?0

Q45 = (Qa4 - Qs5)c0s0 5in@ (21)

Qs5 = Qussin?® + Qsscosd

2.2.3 SHELL’s Strain - Displacement Relations

The shell panel's curvature creates a geometric nonlinearity which must be
incorporated into the strain-displacement relations. Also here, thru-the-thickness shear
effects are incorporated into the analysis. This development follows Dennis [6], who

authored the SHELL computer code which employs these relations.
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As already mentioned, parabolic transverse shear effects are incorporated into the
analysis by assuming a modified state of plane stress for each lamina. The transverse shear
stresses are assumed equal to zero on the top and bottom surfaces of each ply, and increase
parabolically towards the midplane where they are maximum. Thus it follows that the
associated strains will vary parabolically through the ply thickness.

The modified plane stress condition stipulates that 63 = 0 and hence €3 = 0.
Furthermore, keeping just the linear (first order) displacement terms in the transverse shear
strain expressions (€4 and €5 ) from Eqgs (16) and (17) one obtains [23]:

€4 = (1/h2) (u3,2+ hy u2,3 - uz hy,3) (22)

€s = (1/hp)(u3,1+ hy 0,3 - vy y,3)

Where the hj terms are the coordinate system scale factors; for the cylindrical geometry
used in this research, hy = 1and hp =1 - (z/R). Note: R =radius of curvature

The kinematic equations, in terms of the thickness variable z, and which enable the
incorporation of the desired thru-the-thickness feature are [25]:

u(x,s,z) = up +zVy) + z22¢; + 23y + 240, (23)

V(x,5,2) = Voll1-@/R)] +zyz + 220 + 23 + 246,

wi(x,s) = w
Where ug, vo, W, Wi, i, Vi, and 6; are functions of the coordinates x and s.

The displacements up and v, are located at the shell's midplane; transverse
displacement w is constant throughout the thickness since the transverse normal strain is
assumed to be negligible (€3 = 0). The ; terms are rotations of the surface normals in the
X and S planes, while the ¢;, i , and 8; terms are found by applying the assumption that
transverse shear stresses 64 and Oys are zero on the shell's top and bottom surfaces.

Solving for €4 and €5 in terms of w and rotations ; (in the coordinate system of the

SHELL algorithm), the details of which can be found in references [20, 25], produces:
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(1/[1-(z/R)] } (ws+yg)[1-(422/h)] (24)
(Wx +y) [ 1-(422/h)]

€4

&5
Where z is the distance from the midplane of the shell laminate, R is the shell's radius of
curvature, and h is the shell's total thickness. Note that these resulting transverse shear
strain expressions are parabolic with respect to the thickness variable (z).

Again assuming zero transverse shear stress and associated zero strain on the
shell's upper and lower surfaces [6], Eq (23) can be solved in terms of w and v, the
details of which are provided in reference [25], yielding:

u(x,s,2) = uo + 2yx - (4/3h%) 2> (yx + w,x) (25)

V(x,82) = vo[1-(z/R)] + zys - (4/3h%) 23 (ys + w,s)

w(x,s) = w

The displacement functions now incorporate a thru-the-thickness shear strain
distribution. Also, it should be noted that this formulation provides the seven degrees of

freedom used in the SHELL computer code: u;v; w; w,x; w,s; Yx; Vs.
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3. EXPERIMENTAL METHODS

3.1  Manufacturing

A total of 32 specimens were fabricated for use m experiments involving axial
compression of cylindrical shell panels with unsupported vertical edges. The experimental
test plan (see Appendix A) provides a breakdown of the various geometries tested, the ply
stacking sequences, and which panels had cutouts. Table 2 provides a summary of the

different configurations tested.

Table 2. Summary of Experimental Test Plan

Configurations  No, of Plies Stacking Sequence Effective Dimensions
1 and 2 8 [0/90]25 12" X 12"
3and 4 8 (0/90]25 12" X 20"
5and 6 8 [0/+45/-45/90]s 12" X 12"
7and 8 8 (0/+45/-45/90]s 12" X 20"
9 and 10 16 [0/90145 12" X 20"
11and 12 16 [0/+45/-45/90]2s 12" X 20"
13 and 14 24 [0/90]6s 12" X 20"
15 and 16 24 [0/+45/-45/90]3s 12" X 20"

Note: Each of these configurations was tested with a 4" X 4" centered square cutout and

without any cutout.

All 32 specimens were newly manufactured and had cylindrical shell geometry with
radii of curvature of 12 inches, measured to the outside convex surface of the panel. The

manufacturing process and material system (AS4/3501-6) were the same as used by
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Horban [10], Tisler [28], Wilder [30], and Schimmels [25] for their studies. However,
the material properties used in this study were slightly different from those used in their
work. The properties used for this research were obtained by Dr. R. S. Sandhu of the
Flight Dynamics Laboratory in more recent material properties tests [24]. Table 3 provides

a summary of the material properties assumed valid for use in this research effort.

Table 3. Basic Material Properties of AS4/3501-6 Graphite/Epoxy

Elastic Modulus Along Fibers in Compression (E1) 19.70 Msi
Elastic Moduli Transverse to Fibers in Compression (E2=E3) 1.579 Msi
Major Poisson's Ratio in Compression (V12) 0.276

Elastic Moduli in Shear (G12 = G13) 0.925 Msi
Transverse Elastic Modulus in Shear (G23) 0.462 Msi

All the panels were C-scanned after manufacturing to ensure no delaminations or
internal defects were present. The thickness was measured at thirteen locations on each
panel and the average thickness was recorded and used in the numerical part of this study.
The average thickness variation within each panel was small (< 7%) and it was even
smaller for panels within their respective group (< 2%).

A hole cutting process was developed during Tisler's work [28] to help alleviate
damage caused by flattening of the panel during cutting. A wooden base, also with a
radius of curvature of 12 inches, held the panel in its original shape during the cutting
process. Fiberglass and rubber sheets helped reduce the possibility of vibration damage,
while a steel template guided the router used for cutting. A schematic of the cutting setup is

provided in Figure 7.
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The router was used to cut the square holes in the panels. This mechanism caused
the comers of the square to be slightly rounded (about a 1/16 inch radius), which had the
beneficial effect of removing stress singularities at the comers.

All the edges of the panels were cut the same way as done in previous studies [10,
25, 28, 30]. Specific tolerances ( see test plan, Appendix A) were given to ensure that all
edges, upper/lower and sides, were as close as possible to being parallel. This is critical to
ensure evenly distributed loading and accurate assessment of radial displacements. The
actual edge cutting procedure is explained in more detail by Horban [10].

In order for the specimens to be clamped into the loading fixture, along the top and
bottom of the panel, the axial dimension had to be cut one inch longer to create a 1/2 inch
holding tab at the panel's top and bottom edges. Thus, the effective axial dimension was
one inch shorter than the actual fabricated panel specimen.

3.2 Axial Compression

The experimental fixture (see Figure 8) used for the axial compression tests, along
with the curved panel clamping devices, is the same one used by Horban [10], Janisse
{11], Tisler (28], Wilder [30], and Schimmels [25] for their studies. The specialized
clamping devices are explained in more detail by Horban [10].

The top edge was clamped such that movement of the panel was fully constrained
(u=v=w=wx=w,s =0), while the bottom edge of the panel could move vertically
upward (u = prescribed, v = w = w,x = w,s = 0). The loading was applied by a 30,000 Ib
hydraulic compression machine, which incremented the loading via application of a
uniform displacement of 0.05" per minute. Although the bottom platen was moving
upward with the top platen fixed, the top edge was where the true applied loads took place.
A load cell measured the total applied load. Each test was completed when the maximum
collapse load was reached, at which point the panel continued to deform (bow outward)

smoothly while the loading began to slowly drop off. To ensure the loading was uniform
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across the top of the panel, two sets of back-to-back one-dimensional strain gages were

used. See the test plan (Appendix A, Figures A6 and A7) for placement of these gages.

Figure 8. Experimental Setup, Axial Compression Fixture
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Linear Variable Displacement Transducers (LVDTs) were used to measure the radial
(out of plane, transverse to the loading direction) and axial displacements of the panels
during compression. A vertically mounted LVDT in front of the panel (see Figure A5 of
the test plan) was used to measure the top edge displacement (u). On the other side of the
panel, the radial displacements (w) were measured by seven LVDTs (six for panels with
cutouts) at locations specified in Figures A6 and A7 of the test plan. Since the largest radial
displacements could occur near the cutout, they are of particular interest and will be
compared to values obtained numerically using the SHELL finite-element program.

The data collected by the LVDTs and strain gages was saved on a VAX 11/780
computer, which allowed for generation of experimental load/displacement curves. The
data collected from the strain gages was used to confirm the panel collapse loads because at
the point of collapse, the load versus strain curves diverged dramatically.

For a more detailed discussion of the axial compression experimental procedure,

including photographs and drawings of the holding fixtures, see [10, 11, 30].
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4. FINITE ELEMENT MODELING

In structural mechanics, a problem is nonlinear if the stiffness matrix or the load
vector depend on the displacements. In the general ﬁnite;elemem approach to nonlinear
behavior analysis, the partial differential equations representing static equilibrium are
linearized and solved by incremental/iterative methods [5). In this approach, the continuum
displacements of the equilibrium equations are approximated through interpolation
functions; along with the values of displacements at discrete points (nodes) within the
structural mesh. This mesh represents the domain and boundaries of the physical
specimen. In the SHELL code, the nodes are placed on the midplane surface of the shell
structure. This nodal placement will yield valid results if the shell is relatively thin with
respect to the shell’s other dimensions[6].

Two finite-element grids were constructed to model the two panel geometries
studied, 12" X 12" and 12" X 20" ( see Figures 9 and 10). All panels had a radius of
curvature of 12". The material properties in Table 3 were used for all the finite element
computer runs using SHELL. However, the specimen thicknesses varied slightly from
panel to panel, and this was taken into account in the input decks used. Since the SHELL
algorithm models transverse thru-the-thickness shear, the program is very sensitive to
thickness. A summary of the thicknesses used is shown in Table 4.

Based on Dennis' research [6], the 36 degree of freedom (DOF) element proved to
be the best choice for use in the nonlinear analysis in SHELL. Schimmels [25, 26]

confirmed this result and obtained good results using the element shown in Figure 11.

33



Table 4. Panel Thickness

JH-1-0 8 0.00514
JH-3-4 8 0.00514
JH-4-0 8 0.005375
JH-6-4 8 0.005375
JH-7-0 8 0.00530
JH-9-4 8 0.00530
JH-10-0 8 0.00521
JH12-4 8 0.00521
JH-13-0 16 0.00535
JH-19-4 16 0.00530
JH-22-0 16 0.00527
JH-28-4 16 0.00532
JH-31-0 24 0.00540
TH-37-4 24 0.00535
JH-40-0 24 0.00545
JH-46-4 24 0.00542

Dennis [6] found that the 1/2" X 1/2" element was the optimal size to use in order
to converge to an accurate solution while minimizing the CPU run time, in areas where
large displacements and moderate rotations existed. It should be noted that in order to keep
the computer run times from being too excessive and to minimize the memory usage, a
mesh arrangement similar to the one used by Dennis in his dissertation [6: 275] was
adopted for the larger 12" X 20" panels. Lee [15] performed a numerical analysis on the

affects oblong elements (aspect ratios of 0.5 or 2) have on the determination of collapse
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loads. She found that a safe distance from the cutout to use oblong elements of these

aspect ratios is between 1.5 and 2.0 inches. For the 12" X 20" models used in this

research effort, the oblong elements were at least 2" from the cutouts.
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Figure 9. Finite-Element Mesh Used For 12” X 12” Shell Panels
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Figure 10. Finite-Element Mesh Used For 12” X 20” Shell Panels
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Figure 11. SHELL 36 Degree-of-Freedom Element
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Although not shown in Figures 9 and 10, elements are actually present within the
square cutout, but removed analytically. To do this, no stiffness is calculated for those
elements within the cutout region [7]. This is done so that an automatic mesh generator can
be used. Additionally, the nodes of those elements within the cutout, but not on the cutout
border, must be constrained from movement.

When the experimental panels were cut, the router rounded off the corners of the
square cutouts. By doing this, large stress concentrations would not form at the corners as
the panels were experimentally loaded. Therefore, although the cutout corners of the
analytical model are sharp, mesh refinement is not as severe as that normally required for a
singularity. Thus, by keeping the mesh refinement relatively coarse, an analytical stress
singularity cannot develop, hence representing the actual panels more accurately [7].

The nodal boundary conditions applied analytically had the bottom edge of the panel
(at x =0) fully clamped (u=v =w = w,x = w,s = Yx = yg = 0). The top edge of the panel
was also constrained from movement in six DOFs (v =w = w,x = w,s = Yx = Y5 = 0);
while the axial displacement (u) was prescribed, since the analytical load was input by a
uniform displacement along the top edge (at x = 12"). The nodes along the vertical edges
were allowed to displace freely since experimentally these edges were neither simply
supported nor clamped.

Palazotto and Tisler [21] found that analytically applying a uniform displacement
loading better resembled the actual test apparatus used in this study. In particular, they
found that the distinction between uniform displacement and uniform loading along the top
edge of the panel is very important for the panels with a larger cutout (greater than 2" X 2")
Therefore, for this study equal compressive displacements were incremented at each of the
top edge nodes up to and through panel collapse. The SHELL program then calculated the
loading required at each top edge node (41 total nodes for each model) in order to displace

the particular node the prescribed displacement. Then, the total compressive load was
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calculated from the 41 nodal loads. In addition, the SHELL algorithm also calculated
displacements and rotations at the seven degrees of freedom for each node contained in the
panel mesh (per each displacement increment).

The numerical calculations were performed on SUN SPARCstation 2 digital
computers. The 12" X 12" panel mesh contained 576 elements and 1825 nodes, which
equated to a calculated bandwidth of 289. The 12" X 20" panel mesh contained 560
elements and 1777 nodes, with a bandwidth of 333. It should be noted that the use of
these refined grids, coupled with the dimensionality of the panel specimens, required large
amounts of computer time (up to 260,000 CPU seconds in some cases) in order to reach
the collapse loads. Samples of the input decks used for this research are contained in

Appendix C.
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5.1  Introduction

This section documents the significant results obtained both numerically and
experimentally during this research effort, which involved an investigation of the collapse
characteristics of graphite/epoxy cylindrical shell panels under axial compression.

The behavior of symmetric quasi-isotropic and cross-ply laminated shells, with and
without 4" X 4" centralized square cutouts, was analyzed for three different thicknesses: 8,
16, and 24 plies. During the experiments conducted by the Flight Dynamics Laboratory,
panels with effective dimensions of 12" X 12" and 12" X 20" were placed under axial
compression via application of uniform displacement increments along the top edge of the
panels. The loads applied to the panels, as they progressed towards collapse, were
recorded along with the corresponding top edge displacements and radial displacements
(obtained at discrete points where the numerical data indicated the largest displacements
occurred). After the panels reached the initial collapse load, observed when the loading
dropped off even though the top edge continued to be displaced, the compressive loading
was released. A total of 16 different shell panel configurations were tested and the results
compared to data obtained numerically using the SHELL finite-element computer program.
During the first part of this section, an analysis of the numerical data obtained from SHELL
will be performed. Then in the latter part of the section, the experimental results will be
compared to the numerical results. In addition, throughout the section, the results will be
discussed in terms of the global and local behavior of laminated composite shells.

5.2 Analysis of the Numerical Data from SHELL

The SHELL finite-element computer program was used in this research effort to

perform a nonlinear analysis on the geometric instability of unsupported graphite/epoxy

shell panels undergoing axial compression. The sixteen different configurations
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investigated included eight quasi-isotropic laminate s with the foll('>wing ply orientations:
[0/+45/-45/90]s, [0/+45/-45/90]2s, and [0/+45/-45/90]3s; and eight cross-ply laminates
with these orientations: [0/90]2s, [0/90)4s, [0/90]6s. For the 8-ply shells two dimensions
were investigated, 12" X 12" and 12" X 20", while only 12" X 20" shell panels were
analyzed for the 16 and 24 ply configurations. Half of the panels investigated had 4" X 4"
cutouts, while the other half studied were solid panels (no cutouts). In analyzing the
numerical data, it was observed in every configuration that the values of the nodal rotations
and displacements maintained a symmetrical distribution with respect to both the horizontal
and vertical panel centerlines.

Tables S and 6 represent the numerically-derived global and local collapse
characteristics, respectively. Table 5 indicates the maximum load analytically applied to the
shells just before the panels collapsed. Also displayed in this table is the panel top edge
displacement (U) that is associated with the collapse load. Table 6 displays the magnitudes
of the largest radial displacements (w) observed in each panel configuration, at the time of
collapse. Although this table represents points of maximum radial displacement, similar
orders of magnitude were observed distributed in the areas surrounding these points. In
order to ensure valid comparisons between configurations, the data was collected at similar
percentages of collapse load. Information pertaining to these tables will be analyzed in
more detail in sections 5.2.1 and 5.2.2. However, a few overall comparisons will be made
at this time.

The SHELL algorithm was designed to model shell structures undergoing large
displacements and moderately large rotations (based on Palazotto and Dennis' simplified
large rotation theory). One of the key features of the SHELL algorithm is that it
incorporates a parabolic transverse shear strain distribution through the thickness of the
shell. The presence of transverse shear decreases the global stiffness of the shell panel.

This enhances the bending which occurs in the shell as it reaches the collapse load. A
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comparison of the maximum bending rotations and transverse shear strains found in the
shells during panel collapse is shown in Table 7. Again, even though the points chosen
represent maximum values of rotation and transverse shear strain, the areas surrounding
these points are similar in order of magnitude. The transverse shear strains at the midplane

datum surface are defined as:

€4 =lygl - [wsl (26)
es =lyxl - lwxl 27)

Where y; and yx are the rotations of the elastic curves due to bending and w,s and w,x are
slopes of the elastic curves with respect to the S - Z plane and X - Z plane, respectively.
These quantities are degrees of freedom calculated by SHELL and the difference between
the magnitude of the bending rotation and the magnitude of the elastic curve slope must
equal the rotation of the elastic curve due to the presence of transverse shear strain [20]. It
was consistently observed, throughout the analysis of transverse shear strain in all the
panels, that the magnitude of €4 greatly exceeded that of €5 at collapse. Therefore, since &4
contributes more significantly to the collapse of the shell panels, the analysis of the effect of
transverse shear strain will be limited to studying transverse strain with respect to the S - Z
plane. It should be noted that the (° fiber's shear strength is the weakest in the S - Z plane,
with Ga3 being half the magnitude of Gi2 and Gy3 (see Table 3).

Table 5 shows that for all cases (except one) involving the collapse of shell panels
without cutouts, the quasi-isotropic panels globally behave more stiffly and collapse at
higher loads than the cross-ply panels. The one exception involves the 12" X 12" solid 8-
ply cross-ply shell panel. In this case, the cross-ply panel collapses at a load which is 38%
higher than the quasi-isotropic collapse load. However, also note in Tables 6 and 7 that the

bending rotations and radial displacements for this case are very small. This indicates that
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very little bending is occurring and collapse of the panel is dictated by Ay, the axial
stiffness of the panel. Since Ay, is greater for the cross-ply laminate than the quasi-
isotropic laminate, it follows that the solid quasi-isotropic shell panel would collapse at a
lower load.

Table 6 verifies that a nonlinear theory of this nature is required for collapse of
these types of shells undergoing axial compression. Note that the radial displacements for
the three thickness categories range from being 3 - 7 times the shell thickness in the 24-ply
cases, 6 - 7 times the shell thickness in the 16-ply cases, and to almost 12 times the shell
thickness for the 12" X 20", 8-ply quasi-isotropic panel with cutout. In comparing the
radial displacements in Table 6, some interesting differences are noted in the shell
responses between quasi-isotropic and cross-ply panels, with and without cutouts. The
cross-ply shell panels appear to locally respond more stiffly (comparatively smaller radial
displacements) than the quasi-isotropic panels when no cutouts are present; but then
respond more flexibly (comparatively larger radial displacements) than the quasi-isotropic
shells when large cutouts are present. The most dramatic examples of this phenomena
involve the 24-ply shells and the 8-ply, 12" X 12" shells; although to a lesser extent these
trends were also observed in the 8-ply, 12" X 20" and the 16-ply shells. In the 24-ply
case, where the collapse load for the quasi-isotropic shell with no cutout was similar to the
cross-ply shell with no cutout, the cross-ply shell displayed radial displacements that were
about 45% lower than the quasi-isotropic shell. Then after a large square was centrally
placed in both types of 24-ply shells, significantly greater radial displacements (about 30%)
were observed in the cross-ply laminated shells versus the quasi-isotropic shell panels.

Table 7 indicates that significantly greater bending rotations are occurring in the 24-
ply quasi-isotropic shell panel with no cutout versus a similar cross-ply configuration, and
yet globally the quasi-isotropic panel collapses at a higher load than the cross-ply panel.

The cross-ply panels without cutouts are axially stiffer than the quasi-isotropic panels, with
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the cross-plies having a 20% higher A1 stiffness term. Another difference in these two
panel layups is the existence of +45° fiber laminae in the quasi-isotropic shells. This
difference provides the quasi-isotropic panels with certain key bending stiffness terms
which are significantly greater than similar terms for the cross-ply panels. For example,
Des (which directly relates to stiffening a laminate against in-plane twisting) is three times
greater for the quasi-isotropic laminate than the cross-ply laminate. In addition the D6 and
D3¢ stiffness terms, which are coupling terms between direct bending moments and the
shear activity occurring in a structure, exist in quasi-isotropic laminates but are zero for
cross-ply laminates. These Djg and D2g terms help to stiffen the quasi-isotropic panels
against the bending curvatures caused by large rotations (which are nonlinear terms in this
analysis), and thus act to hinder the Mx and My bending moments.

The presence of a large cutout may cause the shell panel to twist during axial
compression. This twisting can enhance the radial displacements caused by the bending
rotations present during compression. The much greater Dgg stiffness of the quasi-
isotropic panels compared to the cross-ply panels, enables the quasi-isotropic panels to
resist to a greater extent the twisting action for similar magnitudes of rotation (see Table 7:
24-ply cases and 12" X 12", 8-ply cases), thus producing smaller values of radial
displacements.

5.2.1 Quasi-Isotropic Shell Panels

A common occurrence in all the numerical runs involving the quasi-isotropic shells,
with and without cutouts, was that the largest radial displacements occurred along the
unsupported vertical edges near the center of the panels. This would indicate that for quasi-
isotropic shells, neither thickness nor the presence of large cutouts influence the location of
the largest radial displacements in a panel undergoing axial compression. These

displacements will occur along free edges and near the horizontal centerline of panels
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during collapse. In addition, its was noted that the largest bending rotations usually were

associated with areas where the largest radial displacements occurred.

Number of Plies

Number of Plies
8
8
8
8
16
16
24
24

Table 5. Numerical Global Collapse Characteristics

QUASI-ISOTROPIC LAMINATED SHELLS
Shell Tvpe Collapse Load (Jbs) U Displacement (in)

12", NC 3387 0.012
12", Cutout 1418 0.011
20", NC 1971 0.010
20", Cutout 1100 0.017
20", NC 9218 0.030
20", Cutout 5131 0.030
20", NC 32,874 0.072
20", Cutout 12,959 0.040

CROSS-PLY LAMINATED SHELLS

Shell Type  Collapseload (bs) U Displacement (in)
12", NC 4683 0.012
12", Cutout 1333 0.010
20", NC 1654 0.006
20", Cutout 1200 0.014
20", NC 8439 0.020
20", Cutout 4896 0.027
20", NC 29,838 0.036
20", Cutout 12,346 0.040

Note: NC = No Cutout
Shells are either 12" X 12" or 12" X 20"

45




Table 6. Numerical Local Collapse Characteristics

QUASI-ISOTROPIC LAMINATED SHELLS

8 12", NC 100.0 0.20977
8 12", Cutout 99.1 0.27765
8 20", NC 96.5 0.32989
8 20", Cutout 98.4 0.46913
16 20", NC 100.0 0.50317
16 20", Cutout 99.3 0.55104
24 20", NC 100.0 0.65235
24 20", Cutout 98.1 0.55141

CROSS-PLY LAMINATED SHELLS
Numberof Plies  ShellType  Collapseload (%)  Maximum!lw | (in)

8 12", NC 100.0 0.070719
8 12", Cutout 98.3 0.278110
8 20", NC 98.9 0.212280
8 20", Cutout 99.9 0.440010
16 20", NC 93.4 0.499790
16 20", Cutout 96.7 0.584590
24 20", NC 88.2 0.357410
24 20", Cutout 96.4 0.714070

Note: NC = No Cutout
Shells are either 12" X 12" or 12" X 20"
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Table 7. Numerical Maximum Bending Rotations |/ Transverse Shear Strains

QUASI-ISOTROPIC LAMINATED SHELLS

Number of Plies Shell Type Collapse Load (%) 1! (degrees) €4 (radians)
8 12", NC 100.0 5.8 0.0003344
8 12", Cutout 99.1 6.7 0.0008340
8 20", NC 96.5 1.6 0.0008700
8 20", Cutout 98.4 9.9 0.0022990
16 20", NC 100.0 9.2 0.0006200
16 20", Cutout 99.3 9.7 0.0027620
24 20", NC 100.0 11.5 0.0010919
24 20", Cutout 98.1 8.6 0.0052840

CROSS-PLY LAMINATED SHELLS

Number of Plies Shell Type Collapse Load (%) 1! (degrees) |41 (radians)
8 12",NC 100.0 1.9 0.0008760
8 12", Cutout 98.3 6.5 0.0010020
8 20", NC 98.9 4.6 0.0005240
8 20", Cutout 99.9 8.4 0.0014810
16 20", NC 93.4 9.3 0.0006674
16 20", Cutout 96.7 8.8 0.0030680
24 20", NC 88.2 6.0 0.0011790
24 20", Cutout 96.4 8.9 0.0042070

Note: NC = No Cutout
Shells are either 12" X 12" or 12" X 20"

As expected, intuitively, the shells without cutouts displayed greater stiffness than
those with large cutouts; requiring larger compressive loads to collapse the solid shell
panels (see Figures 12, 13, 14). Note also how linear the curves are for the solid panels

versus the panels with cutouts, where in this case the nonlinearity occurs throughout most
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of the loading range. This indicates that a greater magnitude of bending is occurring in the
panels with the large cutouts. The greatest degree of bending appears to be present in the
24-ply solid shell panels. The difference in panel axial lgngth appeared to significantly
affect the difference in collapse loads between shell panels with cutouts and those without.
A collapse load increase of 139% between the 8-ply 12" X 12" panel with cutout and the
solid one of the same dimensions was observed; whereas an increase of only 79% was
observed for the 12" X 20", 8-ply solid shells. An increase in collapse load of 79% was
observed for the 16-ply case. However, the greatest increase in collapse load between
panels with cutouts and those without was seen in the 24-ply case, where an increase of
154% was observed. In addition, as seen in Table 5, as the thickness of the shells
increased so did the amount of top edge displacement required to collapse the panels.

When comparing the axial load (Ny) versus top edge displacement (u) curves for
the three thicknesses of shells with no cutouts, it can be seen that the 16 and 24 ply curves
exhibit a nonlinear behavior which the 8-ply curve does not. This is related to the fact that
greater magnitudes of radial displacement (w) occur in the 16 and 24 ply panels (see
Table 6), which causes a greater coupling between u and w. Apparently at radial
displacement values greater than that which occurs in the 8-ply case, the nonlinear w terms
present in the €,° and €,° (in-plane normal strains) expressions [20: 44 - 45], used in
SHELL's formulation, become more pronounced and cause the Ny versus u curves to go
nonlinear. Note that €¢° (in-plane shear strain) does not affect the Ny values for €ither the
quasi-isotropic or cross-ply laminated shells since Aj¢ is zero for both layups. For a more
convenient reference, these in-plane strain expressions are presented below, where ¢ = 1/R:

€1° = u,1 + (1/2)[ (@,1)2 + (V)2 + (W,1)? ] (28)

€2° = v,2 - we + (1/2)[ (v,2)2 + (W,2)2 + (u,2)2 + v2c2 + w2c2] + v(w,2)c

- (v,2)we (29)

€6° = u,2 + V,1 + (U,1)u,2 + (V,1)v,2 + (W,1)w,2 + c[ v(w,1) - (v,)W ] (30)
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As the shell thickness increased so did the overall stiffness of the panels for all
cases including those with cutouts (see Figures 15 and 16). Figures 17 and 18 show that
when comparing all panels with the common dimension of 12" X 20", the loads required to
collapse the shells increased exponentially with a linear increase in thickness. Note that the
slope of the curve is steeper for the case comparing collapse loads versus thickness of the
shells without cutouts, than it is for the case comparing shells with cutouts. This effect is
probably due to the significant increase in the magnitudes of transverse shear strain present
in the shells with cutouts versus those without cutouts (see Table 7).

When comparing the 12" X 12" shells to the 12" X 20" shells it can be seen that
significantly greater magnitudes of transverse shear strain occur in the panels which are
longer in axial length. By referring to Table 7, it can be seen that about a 60% difference in
transverse shear strain exists between the two lengths of 8-ply shells, for both with and
without cutouts. It should be noted that the maximum transverse shear strain values
represent shear strain distributions of similar orders of magnitude, which symmetrically
exist around the four comcr§ of a cutout and along a panel's unsupported vertical edges.
Also, the greater bending rotations associated with the longer panels would indicate that
these panels respond less stiffly than the shorter panels to compressive loading. In
addition, the panels with the smaller aspect ratios collapsed at higher loads, up to 72%
higher for the solid panel cases. Therefore, it can be concluded that increasing a shell’s

aspect ratio will reduce the load levels required to collapse the panel.
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Fig. 12: Comparison of Collapse Response
For 8-Ply Quasi-Isotropic Shells,
With and Without Cutouts (12"X20")
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Fig.13: Comparison of Collapse Response
For 16-Ply Quasi-Isotropic Shells,
With and Without Cutouts (12" X 20™)
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Fig.14: Comparison of Collapse Response
For 24-Ply Quasi-Isotropic Shells,
With and Without Cutouts (12" X 20")
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The magnitudes of transverse shear strain increased with increasing panel
thickness. The change in the magnitudes of transverse shear strain present in the collapsed
panels is fairly insignificant in a comparison between the 8 and 16 ply shells; but becomes
significant when comparing the 16-ply shells to the 24-ply shells, where the magnitudes
increase by a factor of two. This result was consistent for the shell panels with cutouts as
well as those without cutouts. It should also be noted that the presence of a large cutout
dramatically increased the magnitudes of transverse shear strain found in the shells when
compared to the solid shells. It was consistently observed that the largest transverse shear
strains for panels with cutouts occurred near the four comers of the square cutouts. For the
8-ply and 16-ply solid shells, the greatest transverse shear strain distributions occurred
along the vertical unsupported edges near the panel center. However, for the stiffest panel
(24-ply solid shell) these transverse shear distributions migrated towards the clamped edges
at the top and bottom of the panel, forming four small pockets of intense transverse shear
strain about 2-3 inches from the clamped edges. As expected, the magnitudes of transverse
shear strain for all the solid panels gradually decreased as the nodal locations moved
towards the panel's vertical centerline, with zero shear strain resulting along the centerline.
In particular, for the stiffer 16-ply and 24-ply solid panels, extremely small bending
rotations were observed along the vertical centerlines at collapse.
5.2.2 Cross-Ply Shell Panels

The numerical analysis performed on the cross-ply shell panels indicates that the
largest radial displacements generally occurred along the vertical free edges and near the
panel’s horizontal centerline. However, in one case ([0/90]2s, 12” X 12” solid shell) it was
noticed that in addition to this phenomena, even larger magnitudes of radial displacement
occurred along the vertical edges, about 2" away from the clamped nodes. This indicates
that this particular panel behaved more stiffly with respect to its planform area than the

other panels investigated. In fact, there was a 251% increase in collapse load for this panel
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when the large cutout configuration was compared to the no cutout configuration. This
percentage increase was the largest of all the panels studied, including the thicker quasi-
isotropic shell panels. In addition, at the points near the clamps where large radial
displacements were noticed, the largest transverse shear strains in the shell occurred. The
transverse shear strain locally reduces the stiffness of the panel, which enhances the effect
of the bending in this area and increases the radial displacements. With respect to the

12” X 20” cross-ply configurations, a 38% increase in collapse load was observed for the
8-ply solid shell versus shell with a cutout; a 72% increase was observed for the 16-ply
solid shells and a more significant increase of 142% in collapse load was seen for the
24-ply solid shell.

Figures 19, 20, and 21 indicate that, as with the quasi-isotropic shells, the shells
with cutouts are more flexible than the shells without cutouts. As with the quasi-isotropic
shells, greater nonlinearity exists in the load versus top edge displacement curves for the
cross-ply shells with cutouts, indicating that a greater degree of bending is occurring in the
shells with cutouts. In addition, when comparing the curves for shells with no cutouts,
nonlinear behavior enters into the collapse of only the 16-ply shells at around 5500 1bs.
Table 7 shows that for these shells under discussion, the solid 16-ply shell has significantly
larger bending rotations (around 9°) than the 8 and 24 ply cases, at 5° and 6° respectively.
Table 6 shows that the radial displacements near the panel center are greater for this 16-ply
case than the 8 and 24 ply cases with no cutouts. It is also interesting to note that the
maximum radial displacement for the 24-ply panel under discussion is very close in
magnitude to the maximum radial displacement for the 8-ply (no cutout) case cited in Figure
12, where the curve was also linear. Therefore, as noted in the 16 and 24 ply quasi-
isotropic cases with no cutouts, the nonlinear terms involving radial displacement (w) in the
SHELL in-plane strain expressions are becoming more important in accurately capturing

the collapse response of the 16-ply shell without cutouts. When comparing the cross-ply
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responses to the quasi-isotropic responses (Figures 12, 13, 14), the only significant
difference in curve trends involves the 24-ply, no cutout cases. The 24-ply cross-ply curve
is a straight line all the way up to panel collapse, while the curve for the 24-ply quasi-
isotropic case begins as a straight line but bends over at around 20,000 1bs and becomes
increasingly more nonlinear. This phenomena implies that for 24-ply cross-ply solid shells
a lesser degree of bending exists (along with smaller radial displacements) than in 24-ply
quasi-isotropic solid shells. It makes sense that greater bending is occurring in the quasi-
isotropic shells because of the much greater rotations in the 24-ply quasi-isotropic case
(12°) than the 24-ply cross-ply case (6°). This 6 degree difference in magnitude of
maximum bending rotations results in an 83% increase in magnitudes of radial
displacements in the 24-ply quasi-isotropic shell with no cutout versus a similar 24-ply
cross-ply shell. These larger radial displacements in the quasi-isotropic case cause the
nonlinear terms (with respect to w) in the strain-displacement relations to become more
pronounced. In addition the bending and twisting, with respect to the circumferential
degree-of-freedom, becomes more important because the bending rotations in the curvature

expressions are squared [20:44 - 45].
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Fig.19: Comparison of Collapse Response
For 8-Ply Cross-Ply Shells,
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Next a comparison was made between Figures 22 and 23 for the various
thicknesses of 12" X 20 cross-ply shells with the 12" X 20 quasi-isotropic cases in
Figures 15 and 16. No significant difference in the curves was noticed for the 8-ply cases.
However, with respect to both the 16-ply and 24-ply cases with cutouts, the cross-ply
curves appear to bend over at a faster rate than the quasi-isotropic curves. In addition,
another difference noticed was that for the cross-ply shells, the curves tend to flatten out
near the top of the curve around the collapse load. This implies that for a unit increase in
top edge displacement, the cross-ply shells are less stiff and thus support a lesser unit load
increase than the quasi-isotropic shells as the load levels approach the collapse load.
Figures 24 and 25 display how the collapse loads vary with thickness for panels with and
without cutouts. These curves show an excellent correlation with the similar trends found
in the quasi-isotropic cases.

Intuitively, one would think since the cross-ply shell laminates have a greater
percentage of 0° fibers than the quasi-isotropic shell laminates that the cross-ply shells
would always be more stiff and collapse at higher loads than the quasi-isotropic panels. In
fact, axially the cross-ply panels have a higher stiffness (A11) than the quasi-isotropic
panels. However, there are other phenomena present during axial compression that
contribute to making the cross-ply panels more flexible than the quasi-isotropic panels as
the compressive loads are increased. As Table 7 (page 47) shows, transverse shear strain
magnitudes increase with increasing panel thickness and are greatest in shells with cutouts.
Note also that the transverse shear strain levels are very similar in magnitude for both the
cross-ply and quasi-isotropic cases with respect to the 16-ply cases. However, significant
differences in transverse shear strain magnitudes occur within the 8-ply cases and to a
lesser extent with the 24-ply shells with cutouts. The greatest difference in transverse shear
strain occurs with the solid 12” X 12" 8-ply shell, where the strain is 62% greater in the

cross-ply case than in the quasi-isotropic case. A much more similar transverse shear strain

63




level is noted (within 17%) when large cutouts are placed in these panels. The other cases
where a significant difference (about 40%) in the transverse shear strain occurs involves the
12” X 20” 8-ply shell panels, where the cross-ply panels (with and without cutouts)
display a greater magnitude of transverse shear than the quasi-isotropic panels. Increases
in transverse shear strain make a shell panel more flexible and thus enhance the bending
and twisting present. In addition, it has already been noted that due to a greater Dgg and the
existence of D1g and Dyg in the quasi-isotropic bending stiffness matrix that greater
twisting resistance will occur in these types of laminates than in cross-ply laminates for a
similar increase in compressive load. Since the out-of-plane normal strains are zero and the
transverse shear strains are of similar orders of magnitude for both the cross-ply and quasi-
isotropic shell cases, the phenomena which is significantly enhancing the bending in the 16
and 24 ply (and possibly the stiffer 8-ply cases) must be related to the in-plane
strains/stresses. Furthermore, for a given shell thickness, cross-ply laminates are
inherently more resistant to in-plane normal stresses (due to larger A} and Aj; stiffnesses)
than quasi-isotropic laminates because of a greater percentage of 0° and 90° fibers.
However, the area where cross-ply laminates are definitely weaker than the quasi-isotropic
laminates is in dealing with in-plane shear stresses and twisting moments, due to a lack of
+ 45° fibers. Therefore, in-plane effects can become more important when bending

rotations and radial displacements are fairly large.
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Another hypothesis involving interlaminar behavior may also explain the difference
in stiffness behavior between the cross-ply and quasi-isotropic shell laminates as panel
thickness increases. There is a more gradual change in strength properties and stress
behavior going from ply to ply with quasi-isotropic laminatcs versus cross-ply laminates.
This is due to a greater difference in ply orientation anyles for the cross-ply laminates as
one moves from ply to ply. This ply-to-ply difference in the stress behavior, becomes
more pronounced as the magnitude of bending becomes greater. This increase in bending
is greatly enhanced by the significant increase in transverse shear strain which occurs as the
thickness of the shell panel increases.

5.3  Experimental Results

The test plan (see Appendix A) was executed and all 32 panels that were
manufactured for this research effort were tested. Some interesting results, both
quantitatively and qualitatively were obtained. In all cases, the experimental shell panels
responded more flexibly to loading than predicted by the stiffer analytical models. A
comparison between experimental and numerical results for the global collapse load
response is presented in Table 8. Three tests were run for each panel configuration and in
most cases the collapse load presented in Table 8 is an average value. However, in some
of the thicker panels, obtaining even loading throughout the test became a problem; in these
cases an average was taken only of the tests that had fairly even loading. Many of the 16
and 24 ply panels with cutouts suffered fiber crimping/breakage and delamination (near the
cutout) during collapse and could not be retested. Only the stiffest panel ([0/+45/-45/90]35
with no cutout) when retested was capable of reaching collapse loads of equal or greater
value to the first three runs. Therefore, the other panels must have had some type of failure
mechanism present that was not apparent to the naked eye. In addition to Table 8,
experimental versus numerical panel response is graphically displayed throughout this

section and in Appendix B in the form of load versus top edge displacement curves and
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load versus radial displacement curves. The experimental and numerical radial
displacement curves compare data obtained at discrete points, which correspond to the node
numbers displayed in Figures 9 and 10.

The general trend depicted in Table 8 is that there is a greater difference between the
experimental and the numerically-derived collapse loads for the shells with no cutouts.
There are numerous reasons why this is the case, but keep in mind that the response of the
shells without cutouts is largely a factor of the degree of precision in the panel
manufacturing process. With any composite material there will be fiber/matrix material
property imperfections, imperfect adhesion between laminae, as well as stress
discontinuities between lamina boundaries which develop when the laminate is loaded. The
greater the difference between the stress response from lamina to lamina, the greater the
probability that these stress discontinuities will contribute to decreasing the overall panel
stiffness. Table 7 showcd that the magnitudes of transverse shear strain present in the
collapsed 8-ply shell panels was fairly small for those panels without cutouts. This
indicates that transverse shear strain for 8-ply shell panels without cutouts is negligible and
does not significantly contribute to the panel collapse. Note that the transverse shear strain
(see Table 7) becomes significantly more pronounced in the 24-ply solid panels than it is in
the 8 and 16 ply shells.

The SHELL algorithm assumes the material properties are constant throughout each
ply, neglects interlaminar slipping, and assumes each ply is of the same thickness. In
actuality, these factors vary from lamina to lamina and the fiber/matrix properties may vary
even within each ply. Variation in ply thickness can affect how each lamina and overall
laminate responds to loading. If this variation in thickness induces off-axis loading, with
respect to the fibers, then unaccounted for shear stresses could develop and reduce the

stiffness of the shells used in the experiments.
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Table 8. Comparison Between Experimental and Numerical Collapse Loads
8-Ply Shell Panels

CP, NC, 12~ 2128 4683 54.6
CP, NC, 20” 1460 1654 11.7
CP,C, 127 1163 1333 12.8
Cp, C, 20~ 928 1200 22.7
QI NG, 127 2075 3387 38.7
QIl, NC, 20” 1459 1971 26.0
QLC, 12” 997 1418 29.7
Ql C, 20" 751 1100 31.7

16-Ply Shell Panels

nfiguration  Experimental Load (bs) ~ Numerical Load (Ibs)  Difference (%)
CP, NC, 20” 7767 8439 8.0
CP, C, 20” 4928 4896 +0.65 *
QI, NC, 20" 8363 9218 93
QL C, 20~ 4286 5131 16.5

24-Ply Shell Panels

Configuration  Experimental Load (lbs)  Numerical Load (Ibs) ~ Difference (%)
CP, NC, 20” 14,007 29,838 53.1
CP, C, 20~ 9032 12,346 26.8
QI, NC, 20” 16,409 32,874 50.1
QL C, 207 10,088 12,959 22.2

CP = Cross-Ply Laminate

QI = Quasi-Isotropic Laminate
C=4” X 4” Cutout

NC = No Cutout

* See Section 5.4: Experimental Difficulties
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Another factor contributing to the sometimes large differences (up to 53%) between
the theoretically-derived numerical results and the experimental results has to do with
imperfections in the shell’s curvature. First, the radius of curvature of the datum surface
can vary within the manufactured shell panel and therefore two panels of the same
“prescribed” curvature may in fact respond differently, all else being equal. In fact, the
shell’s curvature affects the geometric stability of the panel from the start. The panels were
layed up before curing for a 12” radius of curvature. However, a visual inspection of the
panels after curing revealed that this curvature was not entirely constant (geometric
imperfection existed) in the panels’ relaxed state, especially near the panels’ center. During
experimentation, when the shell is clamped into the 12” radius of curvature loading fixture,
residual stresses may be induced into the panel (in addition to the residual stresses that may
already be present from the curing process). These stresses would become increasingly
larger towards a panel’s center due to the greater amount of stiff material surrounding the
center, which acts to constrain its movement. When a large cutout is placed in the center of
the shell panel, these stresses are relieved. Similar trends with respect to curvature
imperfection were also documented in a technical report by Leissa [16].

In most experimental cases, it was noted that the percent difference between the
results and the numerical data was decreased for the shells with large cutouts. The
presence of a cutout increases the surface bending rotations and significantly increases the
magnitude of transverse shear strain. Therefore, the affect of a cutout on the collapse
greatly overrides many of the geometric or material imperfections that may be present.

One final factor that could partly explain the differences between analytical and
experimental results concems the evenness of the applied distributed load. The effect of
uneven loading was investigated during the experimentation done for this research effort

and will be discussed later in the section on experimental difficulties.
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Figures 26 - 43 represent the global responses (applied load versus top edge
displacement curves) and the local responses (applied load versus radial displacement
curves) near the panel center along the unsupported vertical edges and around the cutouts,
for those configurations where the most even loading distribution was experimentally
obtained. Cases where uneven loading was a significant factor are discussed in the next
section. It should also be noted that in these graphs the numbers in parentheses indicate the
node numbers where the data was collected and can be cross-referenced to Figure 10.

Experimental radial displacement data was collected at locations which
corresponded as close as possible to similar locations in Figures 9 and 10, which depict the
analytical models. Note that due to a limitation in the apparatus which held the LVDTs in
place, it was not possible to collect data at points near nodes 921 and 897 (which are the
same relative points for the two different models). Overall, the experimental panels
responded more flexibly to the compressive loads with a greater degree of bending. The
reasons for the differences between the experimental and numerical global responses of the
panels were discussed earlier in this section. Despite the differences in panel stiffness, the
SHELL algorithm was able to predict fairly accurately the local response behavior trends.
Even though the increased flexibility of the experimental shell panels, as expected, resulted
in larger magnitudes of displacements, the experimental curves followed closely the general

movement of the curves in terms of direction and slope.

73




—f— NUMERICAL
—o— EXPERIMENTAL

1500

AXIAL LOAD (LBS)

0.00

0.01 0.02 0.03 0.04 0.05
TOP EDGE DISPLACEMENT (IN)

Fig. 26: Load vs. Top Edge Displacement,
[0/90]2s, 4" Cutout
(12" X 12")

74




@ NUMERICAL (#25/#1801)
—®— EXPERIMENTAL (#25)
=& EXPERIMENTAL (#1801)

1500

1200 1

=

600

AXIAL LOAD (LBS)

300

0 T T T T
-0.5 -0.4 -0.3 -0.2 -0.1 0.0 0.1
RADIAL DISPLACEMENT (IN)

Fig. 27: Load vs. Radial Displacement,
[0/90]2s, 4" Cutout
(12" X 12")

75




1500

1200 A

AXTAL LOAD (LBS)

@ NUMERICAL (#617/#1209)
=&~ EXPERIMENTAL (#617)

=& EXPERIMENTAL (#1209)

900

600 7

300 1

-1

T ] Ll
-0.05 0.00 0.05 0.10 0.15 0.20
RADIAL DISPLACEMENT (IN)

Fig. 28: Load vs. Radial Displacement,
{0/90]2s, 4" Cutout
(12" X 12"

76

0.25




—f— NUMERICAL
—o— EXPERIMENTAL

1400

1200 1

g 8

AXIAL LOAD (LBS)
o)
s

400 1 ¢

200 1

0 | | T Ll L}
0.00 0.01 0.02 0.03 0.04 0.05 0.06
TOP EDGE DISPLACEMENT (IN)

Fig. 29: Load vs. Top Edge Displacement,
[0/90]2s, 4" Cutout
(12" X 20"

77




AXIAL LOAD (LBS)

8 NUMERICAL (#29/41749)
=&~ EXPERIMENTAL (#29)
=@ EXPERIMENTAL (#1749)

1400

1200 oo

:

800 -

600 1

400 1

200

0 T Y T T T T T

¥
-0.8 -0.7 -0.6 -05 -04 -03 -02 -0.1 -00 0.1 0.2

RADIAL DISPLACEMENT (IN)

Fig. 30: Load vs. Radial Displacement,
[0/90]2s, 4" Cutout
(12" X 20"

78




AXIAL LOAD (LBS)

NUMERICAL (#545/#1233)

=&~ EXPERIMENTAL (#545)
=& EXPERIMENTAL (#1233)

1400

1200 T

1000 1

800 T

S

400

200-

-0.05

L

000 005 010 015 020 025 0.30
RADIAL DISPLACEMENT (IN)
Fig. 31: Load vs. Radial Displacement,

[0/90]2s, 4" Cutout
(12" X 20")

79




AXIAL LOAD (LBS)

g

—&— NUMERICAL
—— EXPERIMENTAL

1200

1000 1

g

:

200

0.000 0.005 0.010 0.015 0.020 0.025 0.030 0.035
TOP EDGE DISPLACEMENT (IN)

Fig. 32: Load vs. Top Edge Displacement,
[0/+45/-45/90]s, 4" Cutout
(12" X 20™)

80




AXIAL LOAD (LBS)

:

1200

1000 1

NUMERICAL (#29/#1749)

=&~ EXPERIMENTAL #29)
=& EXPERIMENTAL (#1749)

2

g

200 1

-0.6

-0.5

-0.4 -0.3 -0.2 -0.1 0.0 0.1

RADIAL DISPLACEMENT (IN)
Fig. 33: Load vs. Radial Displacement,

[0/+45/-45/901s, 4" Cutout
(12" X 20")

81




AXIAL LOAD (LBS)

8 NUMERICAL (#545/#1233)
—&— EXPERIMENTAL (#545)

1200
o] B a o]
a
o]
1000 1 ® a
a
ol
o]
o]
800 1 o
a
B
600
[o]
3
[
o]
400
o}
200 -
0 T T T — T
-0.20 -0.15 -0.10 -0.05 0.00 0.05

RADIAL DISPLACEMENT (IN)
Fig. 34: Load vs. Radial Displacement,

[0/+45/-45/90]s, 4" Cutout
(12" X 20"

82

0.10




AXIAL LOAD (LBS)

:

—f— NUMERICAL

—o— EXPERIMENTAL

5000

:

g

1000

0.00 0.01

0.02 0.03 0.04 0.05 0.06
TOP EDGE DISPLACEMENT (IN)

Fig. 35: Load vs. Top Edge Displacement,
[0/+45/-45/90]2s, 4" Cutout
(12" X 20")

83




@8 NUMERICAL (#29/#1749)
=0~ EXPERIMENTAL (#29)

=& EXPERIMENTAL (¥1749)

6000
aBa
5000 A a "
B
o]
o]

4000 1
)
==}
=
Z
03000'
o
—
=
>
< 2000 A

1000 -

0 T ™ 7T T T T T T
-0.8 -0.7 -06 -0.5 -04 -0.3 -0.2 -0.1 -0.0 0.1 0.2

RADIAL DISPLACEMENT (IN)

Fig. 36: Load vs. Radial Displacement,
[0/+45/-45/90)2s, 4" Cutout
(12" x 2 ")

84




AXIAL LOAD (LBS)

@ NUMERICAL (#545/#1233)

=o— EXPERIMENTAL (#545)
=& EXPERIMENTAL (#1233)

6000

5000 - EB a

4000

:

d

=

0 T T T T

-0.30 -0.25 -0.20 -0.15 -0.10 -0.05 0.00 0.05 0.10 0.15
RADIAL DISPLACEMENT (IN)

Fig. 37: Load vs. Radial Displacement,
[0/+45/-45/90]2s, 4" Cutout
(12" X 20")

85




—f— NUMERICAL
=~ EXPERIMENTAL

14000

12000 1

s & ¢

AXTAL LOAD (LBS)

:

2000 A

LI 1 I |

0.00 0.01 0.02 0.03 004 005 0.06 0.07 0.08
TOP EDGE DISPLACEMENT (IN)

Fig. 38: Load vs. Top Edge Displacement,
[0/+45/-45/90]3s, 4" Cutout
(12" X 20"

86




8 NUMERICAL (#29/#1749)
—o~ EXPERIMENTAL (¥#29)
=8 EXPERIMENTAL (#1749)

14000

10000 A

:

6000

AXIAL LOAD (LBS)

4000 1

2000 A

0 T T | — T
-0.6 -0.5 -0.4 -0.3 -0.2 -0.1 0.0
RADIAL DISPLACEMENT (IN)

Fig. 39: Lcad vs. Radial Displacement,
[0/+45/-45/90]3s, 4" Cutout
(12" X 20"

87




NUMERICAL (#545/#1233)

~o— EXPERIMENTAL (#545)
~8 EXPERIMENTAL (#1233)

14000
12000

10000 1

:

AXIAL LOAD (LBS)
2
3

4000 T

2000 T

0 T T T T
-0.20 -0.15 -0.10 -0.05 0.00 0.05 0.10

RADIAL DISPLACEMENT (IN)

Fig. 40: Load vs. Radial Displacement,
[0/+45/-45/90]3s, 4" Cutout
(12" X 20")

88




AXIAL LOAD (LBS)

——O— NUMERICAL
—— EXPERIMENTAL

15000

12000

:

:

3000 A

0 T
0.00 0.0

002 0.03 0.04 005 0.06 0.07 0.08
TOP EDGE DISPLACEMENT (IN)

Fig. 41: Load vs. Top Edge Displacement,
[0/90]6s, 4" Cutout
(12n x 2 n)

89




8 NUMERICAL (¥#29/#1749)
—o~ EXPERIMENTAL (#29)

~® EXPERIMENTAL (#1749)

15000

:

6000 A

AXTAL LOAD (LBS)

3000 -

I L] ¥ T L
-0.7 -06 -05 -04 -03 -0.2 -01
RADIAL DISPLACEMENT (IN)

Fig. 42: Load vs. Radial Displacement,
[0/90]6s, 4" Cutout
(12" X 20™)

90

0.0 0.1




NUMERICAL (#545/1233)
=&~ EXPERIMENTAL (#545)
=& EXPERIMENTAL (#1233)

AXIAL LOAD (LBS)

15000
a a
12000 © ° ° o
a
a
9000 -
o]
6000 a
3000 - o
\
\
0 T

-0.30 -0.25 -0.20 -0.15 -0.10 -0.05 0.00 0.05 0.10

RADIAL DISPLACEMENT (IN)

Fig. 43: Load vs. Radial Displacement,
[0/90]6s, 4" Cutout
(12" X 20"

91




In order for a comparison between the experimental data and the numerical data
obtained from SHELL to be valid, the boundary conditions and loading distributions have
to be similar. Experimentally, when the applied loading was the most evenly distributed
across the panel’s top edge, a very symmetrical radial displacement response was obtained,
with respect to the vertical centerline. At the panel nodal points chosen to investigate, the
SHELL finite-element program predicts exact symmetry (with respect to the panel’s
horizontal and vertical centerlines) for the radial displacements. Since the test panels
responded more flexibly than the numerical models, lower experimental collapse loads and
greater radial and top edge displacements were obtained.

Table 8 indicated that the best correlation between the experimental and numerical
global collapse response of the shell panels occurred with the 16-ply shell configurations
and the 8-ply cross-ply shells (except for the 12" X 12”, no cutout panel). In addition,
fairly good correlation was obtained for the 24-ply panels with cutouts, especially when
compared to these same configurations without cutouts.

In terms of local collapse responses, the radial displacement curves related to shell
panels with the 4” X 4” cutouts displayed a greater degree of symmetry than the curves
related to shells with no cutouts. Again this shows how much a large cutout dominates the
local collapse characteristics of a shell within proximity of the cutout, despite other
inf>uences that may result from boundary condition problems, slight unparallel loading
edges, and ply layup. Curves relating to the shell panels without cutouts are displayed in

Appendix B.
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5.4  Experimental Difficulties

The SHELL computer code analytically applies a distributed load across the shell
panel’s top edge by incrementing uniform displacements at each top-edge node. This
ensures that the top edge will displace parallel to the panel’s bottom edge, which is fully
clamped. To experimentally check for uniform applied loading, two sets of back-to-back
strain gages located near the top edge recorded strain up through the collapse load. If the
strain readings were similar between the gage on the left edge and the gage on the right
edge, then it was concluded that even loading was occurring.

In the analytical model used in SHELL, the top and bottom horizontal edges of the
panels are clamped, while the vertical edges are unsupported. Circumferential displacement
(v) of the panel sides within the clamps is not allowed to occur. However, it was noticed
during the testing that the clamps designed for the curved panel loading fixture relied upon
curved metal blocks tightened up against the panels with bolts to restrain movement in the
X and Z coordinate axis directions (see Figure 44), but only friction was available to keep
the panel from sliding left or right in the circumferential direction within these clamps.
Apparently, under certain conditions a shearing force is large enough to overcome the
Coulomb friction, causing the panel to slip within the clamps. As the axial loading
increases, so does the intensity of the shear force which further enhances the unevenness in
loading. Once panel slipping is allowed to occur, the in-plane shear stresses and uneven
axial loads act to continually intensify each other. Under conditions where this in-plane
shear is likely to significantly affect the collapse response of a shell panel, either physical
restraints need to be used or quasi-isotropic laminates must be used in order to hinder this

shearing process.
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Figure 44. Photograph Showing Method Used for Clamping the Horizontal Panel Edges
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The numerical results from SHELL indicate that in all cases, the shells’
displacements in the radial direction are fairly symmetric throughout the entire loading
range. In the cross-ply shell panels, the magnitudes and directions of the radial
displacements are exactly symmetric with respect to the horizontal and vertical centerlines,
thus quarter-panel symmetry exists. However, for the quasi-isotropic panels the only exact
symmetry with respect to radial displacements occurs along the horizontal and vertical
centerlines of the panels. The general radial displacement asymmetry which exists in the
quasi-isotropic shells becomes increasingly more important as the shell thickness increases,
due to the larger radial displacements encountered and the greater effect of transverse shear
strain on panel collapse. During the experiments, this asymmetry was the least noticeable
for the 8-ply shells with cutouts, when the radial displacements were fairly small. These
thin shells maintained a very symmetrical looking response up to and through the collapse
load. However, it is also important to note that when the thicker 16 and 24 ply panels were
evenly loaded, the panels with and without cutouts, also appeared visually to respond in a
manner that was close to symmetrical. Therefore, it is concluded that an uneven loading
distribution adversely affects the symmetrical response of a shell panel to axial
compression, and it appears that the cross-ply shells are more affected by this type of
loading discrepancy. The reason for this is that cross-ply shells have less resistance to in-
plane shear forces and twisting moments than quasi-isotropic shells. As the panel bending
rotations (y) and radial displacements (w) become larger, then in-plane stresses and
moments become more pronounced due to higher order w and y terms, which nonlinearly
increase the strains and shell curvatures. As the load levels increase, the cross-ply panels
begin to twist more than the quasi-isotropic panels because of a much lower Deg stiffness
(related directly to twisting) and a lack of Dj¢ and Dog stiffness terms which also resist

Myy. This twisting may cause the shell panel to shift within the clamps, which produces
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uneven loading and the onset of in-plane shear effects. This in turn leads to increased
uneven loading and asymmetrical local panel collapse responses.

Figure 45 shows the collapse of a 24-ply cross-ply shell panel with a large cutout.
Prior to collapse, this panel responded fairly symmetrically to the compressive loads.
However, just after the collapse load was reached the right side of the panel near the cutout
(outlined in white chalk) suddenly and loudly snapped forward towards the center of
curvature. Since the theoretical response of this cross-ply panel has been verified (via the
SHELL program) to be symmeitric up to and past the collapse load, it can be concluded that
uneven loading caused by the influence of an in-plane shearing force or twisting moment
caused the unsymmetrical snapping. Initially, the strain gage data showed a very even
loading, which was expected because axial length measurements showed that the top and
bottom edges of the panel were exactly parallel (up to three decimal places). However, as
the load on the panel increased, the loading distribution became more uneven, and strain
gage data indicated a more compressive reading on the side that snapped out. The loading
cell was rechecked to ensure it was displacing evenly and it was found to be very parallel.
Therefore, it was concluded that some degree of in-plane twisting caused the panel to shift
within the clamps as it was being loaded, which led to a shearing of the panel under uneven
load, causing the symmetrical radial displacement responses to skew. This resulting
asymmetrical radial displacement response, along the unsupported vertical edges, was

shown previously in Figure 42.
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Figure 45. Photograph of [0/90]¢s with a 4” X 4” Cutout, Just After Collapse
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Experimentally, it was observed that the tests with the most even application of
loads resulted in more symmetrical radial displacement responses with respect to the
vertical centerline of the panels (see Figures 46 and 47). The tests in which the most
uneven loading occurred involved cross-ply shells: a 24-ply panel with no cutout and a
12”7 X 12” 8-ply panel with no cutout (see Figures 48 - 51). The measurable quantities
involved in the cause of this uneven loading appear to include the stiffness of the panel,
ply-layup of the shell laminate, and the horizontal parallelism of the top and bottom edges
of the panel. Numerically, this 8-ply panel ([0/90]2s ) under discussion had the highest
collapse load of all the 8-ply shell panels and this was confirmed during the experiments.
And, the 24-ply panels in general (both cross-ply and quasi-isotropic) behaved significantly
stiffer than the 16-ply panels, which can be seen by examining the collapse loads in Table
5. However, it should be noted that within the 24-ply class of shells the stiffness
difference between quasi-isotropic and cross-ply solid panels, as related to collapse loads,
was only 9% and similarly under 5% for these panels with cutouts.

The parallel-edge tolerance specified when the panels were manufactured was the
standard used in compressive composite flat panel tests. This tolerance dictated that the
largest difference in panel length, from one side to the next, should be no greater than
0.010”. However, it was determined that although this tolerance appeared to be low
enough for most of the shell panels tested, a greater degree of parallelism is required for the
stiffest cross-ply panels to ensure as even a loading as possible across the top edge. This
was evidenced by the fact that the 24-ply quasi-isotropic shell panel in Figures 46 and 47,
with horizontal edge parallelism within 0.003” resulted in very even loading and
symmetrical radial displacement response; while the 24-ply cross-ply shell panel in Figures
48 and 49 (with horizontal parallelism within 0.005") resulted in loading that became
increasingly more uneven as the loads increased. Note in this case how the radial

displacement responses have diverged.
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Fig. 46: Load vs. Radial Displacement,
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(12" X 20")

99




AXTAL LOAD (LBS)

8 NUMERICAL (#545/#1233)

=&~ EXPERIMENTAL (#545)
=& EXPERIMENTAL (#1233)

40000
35000 A
o]
J ]
30000
-]
o]
25000 1
B
20000 - ' o
15000 -
10000 1
5000 -
0 | 4 L ) 1 §

-04 03 -02 -01 00 01 02 03 04

RADIAL DISPLACEMENT (IN)
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Based upon these observations, it was concluded that in order to achieve panel
response trends more similar to the analytical predictions from SHELL it is critical,
especially for thicker panels when the load levels are extremely high, that the horizontal
edges be almost exactly parallel to within three decimal places. This strict tolerance is more
critical for the composite shells than it was for flat plates, because the shell is inherently
more unstable due to its curved geometry. Bending and twisting moments occur as soon as
compressive loading is applied, causing the shell to displace in the transverse direction,
although for the thicker panels the initial displacements are less noticeable. At this time,
unparallel loading edges and in-plane twisting moments (Mxy) may cause the panels to shift
within the clamps in the circumferential direction if this degree-of-freedom is not securely
fixed during the testing. Then uneven loading across the panel’s top edge will occur and
cause an in-plane shearing action to begin. Once the shearing has begun, and unless the
panel’s laminate construction hinders this action, this shearing force becomes progressively
more intense as the applied loads continue to escalate. Due to the fact that the quasi-
isotropic shell laminates have a greater resistance to in-plane shear than do the cross-ply
laminates, the parallelism tolerance for quasi-isotropic shells can be a little higher, on the
order of 0.003.

Based upon experimental observation of the 24-ply cross-ply solid shell, the result
of this unconstrained in-plane shear stress is a severely unsymmetrical panel collapse
response, where at loads over 5,000 1bs, the radial displacement curves significantly
diverge (see Figures 48 and 49) and the panel twisting becomes more dramatic. Figure 52
shows the collapse of a 24-ply cross-ply shell with no cutout. This photograph displays
how diverse the radial displacements of the vertical free edges become, not only in
magnitude but in direction. The side of the panel in the forefront of the picture radially
displaced 1.216 inches away form the center of curvature, while the other side of the panel

radially displaced 0.614 inches towards the center of curvature. In fact, as the load levels
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Figure 52. Side View of [0/90]es Solid Shell Panel, Depicting Asymmetrical Collapse
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approached the collapse load, the strain gages read that the side of the panel which was
more greatly displaced was in compression, while the other side was in tension. Based
upon observation and radial displacement data collected it appears that the 24-ply quasi-
isotropic solid shell panel, which had the highest collapse load of all the panels tested, was
able to resist this in-plane shearing force and twisting moment because of the presence of
+45° fibers in its laminate. The presence of these fibers provides the quasi-isotropic
laminates with a much larger in-plane shear stiffness (Agg) and a much greater resistance to
in-plane wwisting (Dgs, D16 and D2¢) than the cross-ply laminates. Similar in-plane
twisting and shearing probably occurs to some lesser degree in the thinner shells but
becomes increasingly more pronounced as the panel aspect ratio approaches unity.

Several tests were conducted in order to confirm these hypotheses. A 24-ply quasi-
isotropic shell panel with no cutouts (the stiffest panel tested), for which even loading was
previously achieved was shimmed up 0.004” on one side of the panel to simulate a panel
with an unparallel loading edge. The test results revealed uneven loading and an
asymmetrical panel response in terms of radial displacements. This confirmed how critical
parallelism is to achieving response trends similar to the analytical model. Another test was
conducted that attempted to fix any circumferential movement (which was undetectable to
the naked eye) and see the affect this would have on the overall collapse load. The same
24-ply quasi-isotropic solid panel was used for this test and thin steel blocks were securely
wedged in next to the four panel sides within the clamps. This test resulted in increasing
the overall collapse load of the panel over all the previously run tests. However, these
crude devices only increased the collapse load by about 5.5%. Also, collapse of the thicker
quasi-isotropic panels (where transverse shear strains are the greatest) is more affected by
transverse shear strain than in-plane shear strain, because the quasi-isotropic panels are
much stiffer in the in-plane (Agg) than in the transverse directions (A44 and Ass).
Therefore, it was concluded that shell panels with slightly unparallel horizontal edges
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(within standard tolerances) can lead to uneven loading distributions, which may result in
significant changes to the local response of the shell to axial compression. Even though the
radial displacement patterns may be dramatically altered under these conditions, the change
in the global resistance of the shell panel to collapse and thus its point of geometric
instability (collapse load) is relatively small.

One final example of how uneven loading affected the collapse response of a 16-ply
cross-ply shell panel with a large cutout is shown in Figure 53. Figure 54 shows that at
about 20% of the collapse load the experimental radial displacement curves deviate
significantly, indicating uneven loading is occurring across the panel’s top edge. Even
though for this case the experimental collapse load is 32 Ibs higher than the numerical
collapse load, this difference is not significant enough to make an assertion that there is a
problem with the finite-element model used, especially in light of the fact that uneven
loading is present. In fact, Figure 54 shows that the experimental radial displacement curve
for the vertical free edge (node #29) very closely matches the numerical curve at lower load
levels (up to about 40% of the collapse load) but then the two curves deviate, with the
experimental shell responding more flexibly than the numerical shell model. The fact that
the experimental load/displacement curves peak just slightly above the numerical curves,
despite the panel’s greater flexibility, could be explained by the inaccuracies involved with
using a displacement-control finite-element method. With this type of solution method, the
displacements are prescribed and incremented and the corresponding load components
become the unknowns. In fact, there are as many load versus displacement curves as there
are degrees of freedom [20: 133 - 134]. Therefore, for each increment of displacement, the
solution converges on a load value based upon a user prescribed global convergence
tolerance. In this research effort, a convergence tolerance of 0.1% was used, which
according to Palazotto and Dennis [20] is the value typically used. Numerical test runs

were also performed using 0.01% and no change in solution was found.
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6. CONCLUSIONS

Taking into consideration geometric (curvature, parallelism of edges) and material
imperfections that occur in the experimental test panels, the numerical data from
SHELL is a good predictor of the collapse characteristics of cylindrical shell panels.
Correlation between experimental and numerical data is the best for shells with
large cutouts, where the largest bending rotations and transverse shear strains
occur. In these cases, a more true reading of the accuracy of SHELL is obtained
since any panel imperfections are insignificant compared to the influence a large

cutout has on panel collapse.

The magnitude of transverse shear strain increases with shell thickness and
increases significantly when a large cutout is centrally placed in a shell. The
presence of transverse shear strain decreases the global stiffness of the shell

panel and thus enhances any bending or twisting in the panels. The ply layup also
appears to affect the magnitudes of transverse shear strains present in the shells;
the difference in magnitudes being the most significant in the 8-ply cases. It was
also noted that the largest transverse shear strains occurred in the 24-ply quasi-
isotropic shells with large cutouts; the magnitudes being 20% higher than a similar
cross-ply configuration. Even though this occurred, the quasi-isotropic shell still
collapsed at a higher load than the cross-ply shell. This indicates that under large
displacement and moderately large rotation conditions, the cross-ply shells are more

affected by thru-the-thickness transverse shear strain.
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The greatest levels of surface bending rotations, radial displacements, and
transverse shear strain occur, as the panel collapses, along unsupported vertical
edges near the panel’s horizontal center and at the four corners of a square cutout.
In addition, for the very stiff panels, large displacements and transverse shear

strain also occur along the vertical edges near the clamps.

It was found that the collapse characteristics of shell panels are sensitive to the
parallelism of the shell’s edges. In particular, parallelism is critical with respect

to the horizontal edges when distributed axial loads are applied. The degree of
parallelism affects the evenness of the load application. If the panel’s horizontal
edge is not parallel with the loading platen, then the resulting uneven loading leads

to asymmetrical local collapse responses.

Due to the fact that quasi-isotropic laminates have a much greater stiffness than
cross-ply laminates against in-plane shear forces and twisting moments, the cross-
ply shell panels are more affected by any slippage within the clamps and uneven
loading distributions. Unlike the quasi-isotropic shells which have +45° fibers, the
cross-ply shells have little resistance to the inertial movement of the panel caused by

in-plane shearing as the load levels increase.
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The quasi-isotropic shell panels globally responded in a stiffer manner than the
cross-ply panels, except for the 8-ply cross-ply case where the aspect ratio was
unity. Therefore, aspect ratio is an important factor in the collapse of shells and its
contribution may vary with different ply layups. In addition, it was interesting to
note that in all cases, when a large cutout was present in the shell panel, the cross-
ply panels per configuration responded more flexibly during collapse than the

quasi-isotropic panels. This was even true for the 8-ply panel discussed above.

The presence of a large cutout in a shell panel significantly reduces the stiffness of
the panel, which results in much lower loads required to collapse the shells with
cutouts. In addition, the stiffer the solid version of a shell configuration is due to
either a greater thickness or smaller aspect ratio, the more dramatic the drop in

collapse load when a cutout is placed in the shell.

The best correlation between the numerically-derived collapse loads and the
experimental collapse loads consistently occurred with the 16-ply cross-ply and
quasi-isotropic shell panels. The possible reasoning behind this finding is probably
due more to panel manufacturing than to any theoretical differences between the
different shell thicknesses. The manufactured 8-ply panels appeared to have the
greatest curvature imperfections of all the panels studied, due to their significantly
greater flexibility compared to the 16 and 24 ply shells. In addition, the greater
thickness of the 24-ply panels may have contributed to more imperfections resulting
from the curing process. In particular, greater residual stresses and greater
thickness variation within and between laminae may be more prevalent in the 24-ply

cases than in the 8 and 16 ply cases.
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TEST PLAN
Geometric Instability Studies
1. Program Information

a. Organization WL/FIBCA
b. Project Number 24010366
¢. Security Classification Unclassified
d. Project Engineer Capt James C. Hatfield, AFIT/ENY
e. Project Advisor Dr. Anthony Palazotto, AFIT/ENY
f. Project Sponsor Dr. R.S. Sandhu, WL/FIBCA
g. Fabrication Engineer Mr. Jack Smith, WL/FIBCA
h. Instrumentation Engineer Assigned by FIBT
i. Test Engineer Assigned by FIBE
j. Test Location WL/FIBEC, Bldg. 65, Area B

2. Program Objective
The objective of this project is to study the geometric instability (collapse

load/displacement) of composite panels under axial compressive load. The test specimens
will be of cylindrical cross-section and be fabricated using AS4/3501-6 material.

3. Fabrication

The following paragraphs provide technical details to fabricate specimens required to
conduct the collapse studies.

3.1 Material

The specimens required for this research will be fabricated using a graphite/epoxy
(AS4/3501-6) material system.

3.2 Stacking Sequence and Thickness of Panels

Curved specimens (sizes specified in paragraph 3.3) will be fabricated using the
material system of paragraph 3.1, and will conform to the following sequences:

Table 1
Banﬂﬁexﬁmmm TP Imal.N.um%LQf.Blm
B [0/+45/-45/90]s 8
C [0/90]4s 16
D [0/+45/-45/90]2s 16
E [0/90]6s 24
F (0/+45/-45/90]3s 24
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The panels will be uniform in thickness , having an average ply thickness after
cure of 0.00525" + 0.0003".

3.3 Specimens
3.3.1 Size

For the material system specified in paragraph 3.1, the size and the number
of specimens will be in accordance with Table 2. The first number of the specimen size
indicates the circumferential length of the curved panel, while the second number indicates
the axial length. All panels have a radius of curvature of 12", as shown in Figures A1 -
A4. In addition, some of the specimens will have centrally located square cutouts. Refer
to Figures A1 thru A4 for details.

Table 2

JH-1-0 A 12" X 13" No Cutout 1
JH-3-4 A 12"X 13" 4" Square 3
JH-4-0 A 12" X 21" No Cutout 2
JH-6-4 A 12" X 21" 4" Square 4
JH-7-0 B 12" X 13" No Cutout 1
JH-9-4 B 12"X 13" 4" Square 3
JH-10-0 B 12" X 21" No Cutout 2
JH-12-4 B 12" X 21" 4" Square 4
JH-13-0 C 12" X 21" No Cutout 2
JH-14-0
JH-15-0
JH-19-4 C 12" X 21" 4" Square 4
JH-20-4
JH-21-4
JH-22-0 D 12" X 21" No Cutout 2
JH-23-0
JH-24-0
JH-28-4 D 12" X 21" 4" Square 4
JH-29-4
JH-30-4
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Specimen Panel
Desi Confi . Speci Si C Size* Ref. Fi

JH-31-0 E 12" X 21" No Cutout 2
JH-32-0
JH-33-0
JH-37-4 E 12" X 21" 4" Square 4
JH-38-4
JH-39-4
JH-40-0 F 12" X 21" No Cutout 2
JH-41-0
JH-42-0
JH-46-4 F 12" X 21" 4" Square 4
JH-47-4
JH-48-4

* Cut holes of dimensions 4" X 4", as specified above, using a router
with the method developed for cutting curved panels.

3.3.2 Curing Cycle
The curing cycle recommended by the manufacturer will be used.
3.3.3 Void Content

The void content will not be in excess of one percent, with variations of
thickness specified in paragraph 3.2.

3.3.4 Determination of Flaws

All panels will be subjected to a C-scan to determine flaws before being cut.
The final acceptance or rejection of panels will be made by the project engineer.

3.3.5 Resin Content

Samples will be taken at suitable locations to determine resin content, fiber
volume, and void fractions for the panels being used.

3.4 Basic Material Properties

The elastic properties required will be extracted from "Initiation and Prevention of
Edge Delamination With and Without Residual Stresses”, Table 2 (May 1992).
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4. Testing
4.1 Test Procedure

4.1.1 Specimens will be instrumented with back-to-back strain gages and linear
variable differential transducers (LVDTs) as shown in Figures AS thru A7. The purpose of
the strain gages is to insure uniform loading across the top of the panels. The LVDTs will
be measuring axial displacements (u) and radial displacements (w) during the compressive
static loading.

4.1.2 The testing will be performed on the 30,000 1b hydraulic machine, with the
curved-panel fixture which is currently in place. However, for these studies the vertical-
edge supports will be removed. The compressive loads will be applied using a uniform
displacement of 0.05" per minute. The panels will be compressed up to the collapse load
and then the load will be released. A total of three tests will be performed on each different
specimen configuration. The following data will be collected:

a. Applied Load versus Radial Displacement
b. Applied Load versus Axial Displacement
5. Report

The results of this study will be compared to a finite element model. The final results
and analysis will be incorporated into a master’s degree thesis for the project engineer.
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Figure A5. Displacement Measurements Using LVDTs
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APPENDIX B

ADDITIONAL NUMERICAL / EXPERIMENTAL
AXIAL LOAD VERSUS DISPLACEMENT CURVES
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(12" X 12%)
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Fig. 57: Load vs. Radial Displacement,
[0/+45/-45/90]s, 4" Cutout
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Fig. 58: Load vs. Radial Displacement,
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Fig. 59: Load vs. Radial Displacement,
[0/90]2s, 4" Cutout
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Fig. 60: Load vs. Top Edge Displacement,
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Fig. 61: Load vs. Radial Displacement,
[0/+45/-45/90]s, No Cutout
(12" X 12"
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Fig. 62: Load vs. Radial Displacement,

[0/+45/-45/90]s, No Cutout
(12" X 12")
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Fig. 63: Load vs. Radial Displacement,

[0/+45/-45/90]s, No Cutout
(12" X 12")
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Fig. 64: Load vs. Radial Displacement,

[0/+45/-45/90]s, No Cutout
(12" X 12")
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Fig. 65: Load vs. Top Edge Displacement,
[0/90]2s, No Cutout
(12" X 12")
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Fig. 66: Load vs. Radial Displacement,
[0/90]2s, No Cutout
(12" X 12")
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Fig. 67: Load vs. Radial Displacement,
[0/90]2s, No Cutout
(12" X 12")
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Fig. 68: Load vs. Radial Displacement,

[0/+45/-45/90]s, 4" Cutout
(12" X 20"
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Fig. 69: Load vs. Radial Displacement,
[0/90]2s, 4" Cutout
(12" X 20"
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Fig. 70: Load vs. Top Edge Displacement,
[0/+45/-45/90]s, No Cutout
(12" X 20")
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Fig. 71: Load vs. Radial Displacement,
[0/+45/-45/90]s, No Cutout
(12" X 20"
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Fig. 72: Load vs. Radial Displacement,

[0/+45/-45/90]s, No Cutout
(12n X 2 n)
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Fig. 73: Load vs. Radial Displacement,
[0/+45/-45/90]s, No Cutout
(12" X 20M
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Fig. 74: Load vs. Radial Displacement,
[0/+45/-45/90]s, No Cutout
(12" X 20"
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Fig. 75: Load vs. Top Edge Displacement,

[0/90]2s, No Cutout
(12" X 20
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Fig. 76: Load vs. Radial Displacement,
[0/90]2s, No Cutout
(12" X 20™)
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Fig. 77: Load vs. Radial Displacement,

[0/90]2s, No Cutout
(12" X 20"
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Fig. 78: Load vs. Radial Displacement,

[0/90]2s, No Cutout
(12" X 20"
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Fig. 79: Load vs. Radial Displacement,

[0/90j2s, No Cutout
(12" X 20
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Fig. 80: Load vs. Radial Displacement,
[0/+45/-45/90]2s, 4" Cutout
(12!1 x 2 n)
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Fig. 81: Load vs. Radial Displacement,
[0/90]4s, 4" Cutout
(12" X 20")

156

0.2




8 NUMERICAL (#897/#881)
® EXPERIMENTAL (#881)

5000 Q;B'i':a

AXIAL LOAD (LBS)

:

1000 -

™

0" . r — '
0.00 0.02 0.04 0.06 0.08 0.10 0.12

RADIAL DISPLACEMENT (IN)

Fig. 82: Load vs. Radial Displacemnt,
[0/90]4s, 4" Cutout
(12X 20"
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Fig. 83: Load vs. Top Edge Displacement,
[0/+45/-45/90]2s, No Cutout
(12" X 20")
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Fig. 84: Load vs. Radial Displacement,
[0/+45/-45/90]2s, No Cutout
(12" X 20")
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Fig. 85: Load vs. Radial Displacement,
[0/+45/-45/90]2s, No Cutout
(12" X 20"
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Fig. 86: Load vs. Radial Displacement,
[0/+45/-45/90]2s, No Cutout
(12" x 2 ll)
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Fig. 87: Load vs. Radial Displacement,
[0/+45/-45/90]2s, No Cutout
(12" X 20")
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Fig. 88: Load vs. Top Edge Displacement,
[0/90]4s, No Cutout
(12" X 20")
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Fig. 89: Load vs. Radial Displacement,
[0/90}4s, No Cutout
(12" X 20")
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Fig. 90: Load vs. Radial Displacement,
[0/90])4s, No Cutout
(12" X 20"

165




AXTAL LOAD (LBS)

8 NUMERICAL (#889)
® EXPERIMENTAL (#889)

9000
B
8000 1 . ®
b )
7000 - ° o a
o}
[ ]
6000 - .
o]
[ J
5000
[ ]
0]
4000 - ¢
[ ]
3000 - o
[0}
o]
2000
o
1000 - ‘e
0 1 + T ) 1 § 1 | L} I

-0.10 -0.05 -0.00 0.05 0.10 0.15 0.20 0.25 0.30 0.35 0.40

RADIAL DISPLACEMENT (IN)

Fig. 91: Load vs. Radial Displacement,
[0/90]4s, No Cutout
(12" X 20")
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Fig. 92: Load vs. Radial Displacement,
[0/90}4s, No Cutout
(12" x 2 ")
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Fig. 93: Load vs. Radial Displacement,
[0/+45/-45/90]3s, 4" Cutout
(12" X 20")
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Fig. 94: Load vs. Radial Displacement,
[0/90]6s, 4" Cutout
(12" X 20")
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Fig. 95: Load vs. Top Edge Displacement,
[0/+45/-45/90]3s, No Cutout
(12" X 20")
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Fig. 96: Load vs. Radial Displacement,
[0/+45/-45/90]3s, No Cutout
(12" X 20")
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Fig. 97: Load vs. Radial Displacement,
[0/+45/-45/90]3s, No Cutout
(12" X 20")
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Fig. 98: Load vs. Top Edge Displacement,
[0/90}6s, No Cutout
(12" X 20")
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Fig. 99: Load vs. Radial Displacement,
[0/90]6s, No Cutout
(12" X 20")
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Fig. 100: Load vs. Radial Displacement,
[0/90]6s, No Cutout
(12" X 20")
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APPENDIX C
SAMPLE INPUT DECKS USED IN THE SHELL FINITE-ELEMENT PROGRAM
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SHELL INPUT DECK SEQUENCE

* Title

* Cylindrical Shell Element, Nodes Per Element, Nonlinear Analysis, Symmetric
Laminate, Large Rotation Shell, Mesh Generation Indicator, Indicator to Not Print
Elasticity Matrices, Number of Eiements in Cutout

* Load Displacement Increment, Number of Increments, Maximum Number of Iterations
Per Increment, Indicator for Stiffness to Update Every Iteration, Percent Convergence
Tolerance (Value is Percent Tolerance / 100)

* Real Number Multiplicative Factors of Prescribed Displacement

* Number of Elemental Subdivisions in the X and Y Directions

* Distance Between Nodes Along the X Direction (Values in Inches)

* Distance Between Nodes Along the Y Direction (Values in Inches)

* Assigned Element Numbers to Cut Out (Delete) From Shell Structure

* Load Type Parameter, Distributed Loading Intensity

* Number of Nodes With Specified Primary Degrees of Freedom

* Node Number and Seven Specified Degrees of Freedom (1 = "Prescribed” and

0 = "Free")
Note: One Line Per Node; Nodes Within Cutout Elements Must be Prescribed
With Zero Displacements

* Values of the Specified Degrees of Freedom (Either Zero or the Prescribed
Displacement Increment in Inches)

* Number of Point Loads (Zero For This Research Effort)

* Material Properties for Composite Laminate: Ej, E3, Gy, V12, G13. G23
(Values in Psi)

* Number of Plies, Average Ply Thickness (Value in Inches)
* Ply Orientation Angles (Values in Degrees)
* Shell Radius of Curvature (Value in Inches)

* Number of Equivalent Nodal Forces to Calculate (Equals Number of Top-Edge Nodes
Where Distributed Loading Occurs)

* Degree of Freedom Number, Associated With Loading Direction, For Each Top-Edge
Node

* Number of Elements Where Stress Calculations Are Desired (Last Entry in Deck)
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